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PREFACE 

In preparing this report  w e  have adhered to the outline provided 
by J P L  in the contract statement of work. 
is presented in the order  defined by that outline, because of the r e l a -  
tive s ize  of the various sections it has  not been convenient to re ta in  a 
one-to-one relationship between the five major  topics of that outline 
and the individual volumes of this report .  
which is independent of the J P L  format,  the relationship between the 
volumes of the repor t  and the J P L  outline i s  a s  follows: 

Although the subject  mat te r  

After this summary volume, 

J P L  Format  Report 

(A) Presentation of the preferred Volumes 2 and 3 
design for the flight spacecraft  
and hardware subsystems 

I. 

11. 

111. 

IV. 

V. 

Mission objectives and 
design cr i ter ia  

Volume 2, Section I 

Design character is t ics  
and res t ra in ts  

Volume 2, Section I1 

Systems level functional Volume 2, Section I11 
description of spacecraft  
and i t s  relationships and 
inter  face s a  following 
"100 s e r i e s "  functional 
specifications 

Functional descriptions 
for the individual hard- 
ware  subsystems 

Schedule and related 
Voyager implementation 
plan for the  recommended 
design 

(B) Presentation of alternate 
designs considered 

Volume 2, Section IV 

Volume 3 

Volumes 4 and 5, including 
appendix volumes 

I. Alternate mission objec- Volume 4, Section I 
t ives and design c r i te r ia  

11. Various design charac- Volume 4, Section I1 
ter is t ics  and restraints  
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111. 
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Alternate system philos- 
ophies and system 
m e  chani zati ons 

Various subsystem 
mechanizations 
considered 

Effects and implications 
on the schedule and 
implementation plan 

Design for the operational 
support equipment 
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I. INTRODUCTION 

The results of the Phase IA Voyager spacecraft  study performed 

fo r  J P L  by TRW Systems Group (formerly TRW Space Technology 

Laboratories) and i t s  two major subcontractors, Douglas Aircraft  

Company and the Radio Corporation of America,  a r e  presented in  this 

technical report .  

Here in  the summary volume we have brought together the major 

points of the report  to permit a relatively quick review of our results.  

We do not attempt here to justify these results o r  show completely the 

pr ior  steps that have led to these conclusions; this is done in the other 

volumes. But we have attempted to make sufficient reference to the 

detailed discussion in  these other volumes to allow the reader  of the 

summary to turn readily to the relevant supporting material .  

discussion of o u r  approach in  arriving at  an optimized spacecraft  design, 

this summary volume reviews the individual tradeoffs and analyses com- 

pleted during the process  of that optimization, including the operational 

support equipment (OSE) as well a s  the spacecraft. Next we summarize 

our conclusions concerning the benefits of a 1969 tes t  flight and the de-  

sign for that flight. 

the course of drawing up o u r  implementation plan, a single plan which 

utilizes the 1969 tes t  flight as a means of providing additional confidence 

in  achieving a successful 1971 mission. 

After a 

Finally we include the major  points developed i n  

Within the framework of the JPL  specifications and guidelines this 

study has led to the spacecraft design illustrated in  Figure 1. This de-  

sign, which is summarized i n  Section IV of this volume, is presented in 

specific detail in  Volume 2. 

design a r e  discussed in  Volumes 4 and 5. 

measure  the intent of the J P L  Prel iminary Voyager 1971 Mission Speci- 

fication. 

application of alternate operating modes and redundancy a r e  key charac- 

ter is t ics  of the design approach. 

The detailed tradeoff studies leading to this 

We believe i t  meets in  good 

Design conservatism, simplicity of approach, and careful 

Specific spacecraft  features include: 

1 



Figure 1. 1971 Voyager Spacecraft 

Straightforward, three -part  s t ructure  with six-point 
attachment to  the capsule and to the Centaur in te r -  
stage 

Hinged equipment mounting panels which also se rve  
as shear  s t ructure  members  

Fixed so lar  a r r a y  panels 

A double -gimballed 6-foot antenna, a functionally 
redundant single -gimballed 3 -foot antenna, and a 
low-gain, broad-cove rage antenna 

Fixed VHF antenna f o r  receiving capsule te lemetry 

Balanced double -gimballed planet-oriented package 
(POP) 

Fixed science payload package 



Temperature control by Mariner-type louvers on 
the equipment-mounting panels 

Removable s olid -propellant ret rop ropulsion engine 
with liquid injection thrust  vector control 

Removable blow -down monopropellant midcour s e 
propulsion system 

Gold gas attitude control sys tem with nozzle 
heating available 

Cold gas  blow-down propulsion for  spacecraft  
evasion to facilitate capsule boost sequence 

Standardized equipment packaging and mounting. 

Sufficient redundancy and alternate modes of operation are in- 

cluded to achieve a cumulative mission reliability of 0.817 for s u c -  

cessful operation a f te r  1 month in orbit about Mars  and 0 . 7 0 8  af ter  6 
months in  orbit .  

below the 2000 pounds alIotted. 

tingency, and 187 pounds is available as  margin to improve mission 

performance . 

The spacecraft  weight is  estimated as 320 pounds 

Of this 133 pounds is assigned as con 

3 



11. THE DESIGN STUDY 

The initial period of this study was devoted to a careful, quantita- 
tive evaluation of the design constraints imposed by the mission objec- 

tives, other project elements, and the limitations of technology, espe- 

cially in view of the general requirement that only proven systems and 

techniques should be employed. 

as expressed at the contractor 's  meeting on 21 May, played an important 

par t  in this evaluation. 

The des i re  fo r  design conservatism, 

A l a rge  number of in i t ia l  system and subsystem concepts were  then 

formulated which to varying degrees  appear capable of fulfilling these 

design constraints. 

comparative evaluations, the majority of these competing ideas  were  

rejected as not adequately meeting the design constraints. 

distinct c lasses  of spacecraft configurations emerged: 

Through a s e r i e s  of rapid design i terations and 

Three  

1. 

2. 

3. 

Configuration A, a sun-Canopus oriented spacecraft  
with a two-gimbal commmicat ions antenna, a mono- 
propellant midcour se  propulsion subsystem, and a 
solid-propellant Mars  orbit  injection rocket .  

Configuration B, a sun-Canopus oriented spacecraft  
with a two-gimbal communications antenna and a 
liquid bipropellant engine f o r  both midcourse and 
Mars  orbit injection. 

Configuration C, an  earth-Canopus oriented space- 
craft with a body-fixed communications antenna and 
the monopropellant and solid propulsion arrangement  
of CorYffgiiration -4- 

Table 1 compares the key character is t ics  of these three basic  configura- 

tions, and Figures  2 through 4 i l lustrate their  major  features .  

As can be seen the three configurations differ principally in the 

a r e a s  of communications and retropropulsion. 

mission objectives of adequate space and weight fo r  scientific experi-  

ments  and adequate communications capacity to  re turn  the science data 

In reviewing the key 

5 



Table 1. Key Differences of Basic Configurations 

Attitude 
Control 

Power 

Communicatior 
Antenna 

Propulsion 

A B C 

Sun- Canopus 
oriented 

Solar a r r a y ,  
body-fixed 

6-foot double - 
gimballed dish 

Monopropellant 
for  midcourse , 
solid for orbit  
injection 

Sun- Canopus Earth-  Canopu s 
oriented oriented 

Solar a r r a y ,  Solar a r r a y ,  de- 
body - fixe d ployed paddles with 

fixed ear th  orienta- 
tion; RTG's studies 
as an option 

6-foot double - Body-fixed 16-foot 
gimballed dish dish 

Bipropellant for Monopropellant f o r  
both midcourse midcourse , solid 
and orbit  injection for orbit injection. 

Bipropellant brief - 
l y  studied as an 
alternative 

to ear th ,  i t  became clear that communications capacity was a limiting 

design parameter .  

and a spacecraft  antenna six feet  in diameter will permit  a data ra te  of 

about 4000 b i t s / s ec  to ear th  f rom Mars  orbit until approximately one 

month after 1971 encounter. 

implementation for  the nominal mode of operation. 

fur ther ,  a 40-watt transmitter was considered. However, this was fe l t  to 

involve additional development r i sk  since the design would have to wait on 

qualification of a 40-watt S-band power amplifier.  

directed toward the possibility of increasing the size and gain of the 

spacecraft  antenna. 

5. 5 by 6.  5 feet)  was the largest  rigid,articulated, antenna which could be 

fi t ted within the prescribed spacecraft envelope and which could be de- 

ployed without intricate mechanization. Review of unfurlable antennas 

indicated inadequate test experience to establish their  reliability and 

hence dictated against their use in a conservative design approach. 

It was calculated that 20 watts of transmitted power 

Configurations A and B a r e  based on this 

To augment data ra te  

Attention was also 

The antenna fo r  Configurations A and B (an elliptical 

6 
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F i g u r e  2. Conf igura t ion  A 
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F i g u r e  3 .  Conf igura t ion  B 
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Figure 4. Configuration C 
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The search for a feasible la rger  antenna led to the body-fixed 

antenna of Configuration C It was apparent that 

utilizing a body-fixed antenna necessitated a departure f rom the JPL 

specification that the attitude reference f r a m e  be based on sun-canopus 

orientation; for  Configuration C an earth-Canopus reference was a more  

logical choice. Despite the departure, however. the potential gain in 

communication capability appeared to warran t  continued study of the con- 

cept on the grounds that, should the benefits of the design prove finally to 

outweigh i t s  negative aspects ,  i t  could prove advantageous to deviate 

f rom the sun-Canopus guideline As the analysis in Volume 4 shows, 

this configuration leads a t  most to a 10 per  cent reduction in  power 

supply margin if the end-of-life design date is  taken a s  May 1972 (four 

to six months in Mars  orbi t ) ,  and the penalty essentially disappears if  

end-of-life is taken a s  August 1972 (seven to nine months in Mars  orbit). 

shown in Figure 4. 

Although three basic configurations evolved during the f i r s t  few 

weeks of the study, considerable flexibility in viewing of alternatives 

st i l l  existed in each of the subsystem a r e a s ,  a s  i l lustrated in Table 2. 

F o r  the most  par t ,  the specific design alternatives considered within 

each of the subsystems were relatively independent of the choice of con- 

figuration. 

a l e s se r  extent the attitude control and thermal  a r e a s .  

f i r s t -order  interaction allowed the s t ructural  and configuration designs 

to proceed relatively unhampered by the indecisions s t i l l  existing within 

the electronic subsystem a r e a s .  

Obvious exceptions occurred in the propulsion a rea  and to 

This lack of 

At this ear ly  stage of the study emphasis within the subsystem 

a r e a s  was placed upon arriving a t  the best  subsystem mechanization 

which would meet the specified performance goals, and which utilized a 

conservative equipment design. 

reliable a s  possible, b u t  was not to utilize any equipment redundancy or  

alternate operating modes. Wherever possible, consideration was f i r s t  

given to equipment designs flown on the Ranger and Mariner spacecraft .  

With the resulting nonredundant subsystem designs as the basis ,  the 

the weight, power requirements, and other details were  completed f o r  

The subsystem design was to be as 

10 
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Configurations A ,  B and C mentioned above. These austere ,  nonre- 

dundant configurations were called ”baseline I’ configurations by the 

study team. Each baseline configuration could fu l f i l l  the performance 

requirements of the Voyager mission, but all three were significantly 

lacking in  their reliability capability (all three baseline configurations 

exhibited reliabilities about 1 / 10th those required by the Voyager mission 

specification). 

After satisfying ourselves that the baseline configurations indeed 

were a s  reliable as could be expected for  equipment which did not utilize 

alternate modes of operation o r  redundancy, the next step was to c a r r y  

the three baseline configurations forward in  the design process  to the 

i 

SPECIFIED 
RE LlABl LlTY 

SELECTED CONFIGURATIONS 

/A-3 
REFERENCE CONFIGURATIONS 

/“tB 

BASELINE CONFIGURATIONS 

O-c 

CE c 

Figure 5. Spacecraft Configuration 
Evolution 

point where each could meet  the 

mission reliability requirements.  

This step is i l lustrated in  Figure 5, 

where it is also noted that Configur- 

ation C with the 16-foot body-mounted 

antenna has  the inherent capability to 

provide significantly improved c om - 
munication performance over that of 

Configurations A and B. Considerable 

weight margin  was available for  this 

application of equipment redundancy; 

preliminary analysis indicated that 

af ter  allowing for a suitable contin- 

gency, the three baseline configura- 

tions had the following weights avail-  

able for improving reliability: 

Configuration A - 362 pounds, Con- 

figuration B - 369 pounds, and Con- 

figuration C - 355 pounds. 

It should be noted that baseline Configuration C has  a capability 

f o r  alternate mode operation not inherent in Configurations A and B. 

12 



To fulfill the requirement for telemetering position data to ear th  while 

the spacecraft  is oriented for propulsive midcourse and orbit-injection 

maneuvers,  a 3-foot single-gimballed antenna was added to  baseline 

Configuration C,  since the body-mounted 16-foot dish would be oriented 

away f rom the ear th  during these maneuvers. 

thus available while in Mars  orbit  as an alternate operating mode for  

increased spacecraft reliability. 

baseline Configuration C a slightly greater  reliability. 

This second antenna is  

Figure 5 reflects this fact  by giving 

The judicious application of redundancy and alternate modes of 

operation in order  to bes t  improve mission success  thus became the 
next goal of the study. 

mission success  (over-all spacecraft  reliability) fo r  the minimum 

increase in spacecraft  weight. 

vestigated five to ten se t s  of new approaches. 

sidered, weight and power were estimated and a reliability model was 

constructed. Then each new subsystem was assessed  for  reliability im- 

provement per  pound of added weight, and those new design fea tures  that 

produced the highest yield were selected. 

baseline configurations were brought up to o r  slightly beyond the speci- 

fied mission reliability goals. 

fulfilled o r  exceeded both mission performance and mission reliability 

goals were te rmed "reference" configurations. 

had utilized 169 pounds of weight in this process;  each still had over 190 

pounds available for  additional reliability and/or performance growth. 

Configuration C, which already exceeded the performance of A and E, had 

utilized 158 pounds of weight and also had over 190 pounds available for  

growth. 

What was desired was the maximum increase in  

Each subsystem engineering group in- 

As each design was con- 

Through this process  the three 

These three spacecraft  designs which now 

Configurations A and B 

The time had now come for  selection among the three reference 

configurations so that the study team could concentrate on the best  ways 

of improving that one configuration. A preference for Configuration A 

Over Configuration B was first  established; the solid engine f o r  re t ro-  

propulsion was selected instead of the liquid bipropellant engine fo r  

13 



reasons of performance, reliability, and development costs. The dimen- 

sional constraint on the space craft  necessitated a relatively complex and 

inefficient tankage and feed system for  the liquid engine; this required 

using weight to the point that the gain in  specific impulse was more  than 

offset in the final performance apalysis by the increased weight. 

though a second engine is  required for  Configuration A to permit  mid- 

course corrections before the solid engine is f i red at Mars ,  the capability 

of a single, multiple-firing liquid engine to meet  both of these require- 

ments still did not offset the greater  simplicity and ease of development 

possible with the concept of a solid engine in  conjunction with a mono- 

propellant midcourse engine. A monopropellant midcourse propulsion 

module is  a lso optimum for  1969, 1975, and 1977 flyby opportunities and 

if not used fo r  1971 would require a separate development for  these op- 

portunities. Moreover the hexagonal sides permitted by the solid engine 

permitted a more efficient s t ructure  than the octagonal s ides  required by 

the liquid engine, from the points of view of thermal  control and s t r u c -  

tural  simplicity. Midcourse propulsion accuracy was a l so  significantly 

better when using the monopropellant engine as compared to the bipro- 

pellants, probably reducing the number of midcourse corrections 

required from three to two. 

bipropellant engine exceeded by several  million dollars the development 

costs associated with the monopropellant-solid combination. 

Al- 

Finally, development costs for the liquid 

The choice between Configurations A and C was more  difficult. On 

the one hand, Configuration A was clearly the more  conservative approach 

and met a l l  performance requirements quite adequately. 

Configuration C with substantially superior communication capability (a 

factor of 7 improvement) permitted attractive adaptability to the needs 

of missions beyond 1971. 

C then mainly centered on conservatism in design versus  communica- 

tions performance. 

two configurations more in l ine,  some emphasis was placed on improv-  

ing Configuration A's capability in  that a rea .  

On the other ,  

The comparison between Configurations A and 

To bring the communications performance of the 

It was found that additional 

~ 
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solar  cells and batteries could be added to drive a 40-watt TWT in 

Configuration A without exceeding the weight available for  performance 

improvement. The factor  of 7 difference i n  communications capability 

would then be reduced to 3.5. 

Fur ther  analysis indicated that Configuration C would be data 

storage limited whereas Configuration A tends to be communications 

bandwidth limited. 

recorders  requires the fu l l  14 hours of the specified Martian orbit  fo r  

readout at a rate of 4000 bits/sec, the capability of the Configuration A 

spacecraft  with a 20-watt TWT. The higher data ra tes  of Configuration C 

could be utilized to provide more  f r e e  time for  the DSIF; however, to 

t ransmit  more  information would require e i ther  additional tape recorders  

o r  significant advances in  data storage state -of-the -ar t .  Configuration 

C also requires c loser  attitude control because of its narrower antenna 
beamwidth. 

The 2 x 1O8-bit storage capacity of the selected tape 

Because Configuration A is  the more  conservative design and since 

it can adequately fu l f i l l  all mission requirements with adequate weight 

margin available for spacecraft improvements (including but not limited 

to higher communication data ra tes) ,  i t  was selected over Configuration C. 

The study team was able then to concentrate on how best  to utilize 

It was rapidly determined the remaining weight reserve  of 193 pounds. 

that without some new invention, additional reliability improvements were 

marginal in that they would greatly complicate the spacecraft  design and 

add disproportionate weight whiie achieving O i i l y  iiiii;or iziprzvement in 

mission reliability. Emphasis was therefore placed on improving per-  

formance, simplifying space craft  de sign, minimizing the complexity of 

interfaces, and easing assembly and tes t  problems. With these goals 

in mind, weight was allocated: to propulsion fo r  substituting a simpler 

blow-down monopropellant midcour s e  propulsion system in place of the 

more  complex constant-pre s su re  system; to s t ructure  for  increasing 

the flexibility for experiment attachment around the periphery of the 
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so lar  a r r a y  and for  minimizing equipment attachment to  the solar  a r r a y  

to allow a l l  six solar  panels to be identical; and to the planet oriented 

package so  that it could be relocated and hence simplified in its design 

and deployment. The result ing configuration, called A-3  in the study, 

is i l lustrated in Figure 6. 

3 

Figure 6. Model of Configuration A - 3 ,  with 
Equipment Panels Opened 

Even with all of the selected fea tures  integrated into the design of 

the selected spacecraft, weight margin  still remains.  

available for  added safety margin in the design weights, for  improving 

spacecraft  performance by adding additional tape r e c o r d e r s  o r  higher 

power t ransmi t te rs ,  o r  for  added scientific instruments .  

This weight i s  thus 
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III. DESIGN CRITERIA 

In reaching the decisions just  discussed with respect to spacecraft 

configurations, and particularly in formulating and selecting an approach 

to individual subsystem designs, i twas necessary to adopt a set  of ground 

rules or  cr i ter ia .  

that a s t r ic t  interpretation of i t  a s  a c r i te r ia  document would not allow 

the design flexibility indicated as being desired by 

to r s '  briefing. 

ments  to fulf i l l ,  some of which proved to be conflicting. 

judgement was required as to  the relative importance to be placed upon 
the multiple requirements. 

First, a review of the mission specification indicated 

JPL a t  the contrac- 

Secondly, many subsystems had a multitude of require- 

Hence some 

In arriving a t  a design which best  fu l f i l l s  our interpretation of what 

i s  desired, some 13 specific c r i te r ia  have been applied. 

a r e  discussed here approximately in descending order  of importance. 

It i s  recognized, however, that they a re  not s t r ic t ly  comparable, since 

to some extent they overlap and to some extent they affect independent 

aspects of the spacecraft design. 

The c r i te r ia  

1. QUARANTINE 

The requirement that the probability of contaminating Mars  by a 
- 4  Voyager flight be l e s s  than 10 

ground rule for  the Voyager mission. 

tions of this constraint apply to the flight capsule ra ther  than to the flight 

spacecraft, those requirements interpreted a s  being on the spacecraft 

a r e  accepted a s  absolute. 

craft are:  

has been accepted a s  an overriding 

Although the severest  implica- 

The main a r e a s  of applicability to the space- 

a )  A provision in the prelaunch sequence fo r  the surface 
sterilization of the external surfaces of the flight 
spacecraft and the capsule canister and the interior 
of the nose fairing of the launch vehicle 

b)  The requirement fo r  control of the interplanetary t ra -  
jectory, with provision for biasing successive aiming 
points and providing sufficient t ime after trajectory 
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corrections for redetermination of the orbit and the 
institution of additional corrective measures ,  i f  
required 

Assurance in the design of the spacecraft-capsule 
interface that the sterilization integrity of that 
interface wi l l  not be jeopardized. 

c )  

2. PROBABILITY O F  SUCCESSFUL OPERATION 

The reliability of the spacecraft  design has  also been accepted as 

an  overriding cr i ter ia ,  in the sense that the predicted probability of 

mission success  desired by JPL has to be demonstrable. 

however, and even i n  those a r e a s  where calculated reliability was 

already so close to 1 .00  that fur ther  refinements did not affect the 

theoretical  resul ts  we have tended to apply the principles that simplicity 

should have pr ior i ty ,  that proven equipment and methods should be 

prefer red  to new designs, and that assumptions a t  the conservative end 

of the realizable spectrum should be made in estimating margins ,  s t r e s ses ,  

tolerances,  and the like. 

In addition, 

3 .  FAILURE MODE CAPABILITY 

The failure mode cr i ter ion is closely related to the preceding 

It pertains to the ability to achieve the mission objective even one. 

though some of the equipment o r  functions of the spacecraft  system a r e  

disabled. 

to achieve functional reliability through paralle 1 but nonidentical 

functional paths (alternate modes of operation). 

approach over that of pure equipment redundancy is twofold. 

the implementation of a backup mode for  a certain function often need 

not be a s  complex as the p r imary  mode o r  consume as much of the 

available weight, power, and space. Secondly, with identical equipment 

redundancy, a defect of mater ia ls  o r  design which leads to the failure of 

one mechanization of a function has a possibility of disabling the second. 

With nonidentical approaches, complete loss of the function due to such 

a defect is less  likely. 

In particular,  great importance is attached to  the ability 

The advantage of this 

F i r s t ,  
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4. VERSATILITY AND ADAPTA.BILITY O F  DESIGN TO 
VARIATIONS IN TRAJECTORY AND MARS ORBIT 

The value of a flight spacecraft  design which can be used in  

different modes of trajectory and orbit about Mars  within a single 

launch opportunity, and which is adaptable to the changing requirements 

associated with the successive missions of the Voyager program, is 

recognized as quite high. 

te r i s t ics  with launch date must  be accommodated. 

variations in a r r iva l  date need not be extreme to make a meaningful 

mission, but because all of the factors  which will enhance the scientific 

missions have not been specified, the superior spacecraft  design is the 

one which will be able to accommodate the families of t ra jector ies  which 

a r e  chosen. F o r  much of the launch opportunity, asympotic approach 

velocity and approach orientation relative to the sun a r e  correlated with 

a r r iva l  date and a r e  relatively independent of launch date. 

par t  of this cri terion is adaptability of the design to Voyager missions 

for launch opportunities after 1971. 

xbility to accommodate trajectories and possible Mars  orbits for  the 1973 

opportunity and beyond. 

creased mass, s ize ,  and moment of inertia,  for  1975 and la te r ,  and the 

ability to delete the retropropulsion system from the design with a mini- 

mum effect on the configuration also a r e  a par t  of this cri terion. 

Variations in  trajectory geometry and charac- 

Accommodations to 

An important 

This cri terion places a value on 

The ability to adapt to a flight capsule of in- 

5. ABILITY TO ACCOMMODATE A VARIABLE SCIENCE PAYLOAD 

Flexibility with respect to the science payload is important 

be cau s e : 

a)  The complement of the science payload which will 
be carr ied on the 1971 spacecraft has  Rot yet been 
de tailed 

b )  An ability to accommodate changes in  the science 
payload rather than a design appropriate only to 
one complement of scientific instruments is of 
value for  the 197 1 mission 
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c)  It is likely that the scientific objectives of the 
Voyager spacecraft will be revised for  successive 
launch opportunities. 

The ability to accommodate a variable science payload includes 

availability of space,  weight margin,  e lectr ical  power, provision 

for required commands, data storage capability, and communications 

cap abi li ty . 
6. SCIENCE COVERAGE O F  MARS 

In view of the fundamental objectives of the Voyager mission,  

a major  cri terion with respect to the design of the spacecraft  is i t s  

ability to facilitate scientific measurements.  

vide f o r  the pointing of sensors  as needed, not mask  the validity of 

their  data by any mechanism such as induced magnetic fields, and be 

adaptable to various types and quantities of scientific instruments.  

The articulation of the POP,  the ability of the spacecraft  to maintain 

the required stable attitude, and the magnetic cleanliness of the design 

a re  affected in a major way by this cri terion. 

7.  ADAPTABILITY TO CAPSULE REQUIREMENTS 

It must therefore p ro -  

The ability of the spacecraft  to accommodate various capsule 

needs is the counterpart of the ability to accommodate a variable 

science payload. The capsule cr i ter ion is particularly desirable 

because the capsule design is not firm. 

the spacecraft  should be capable of accommodating a r e  different 

capsule s i zes ,  shapes,  and weights ; different landing s i tes  ; different 

geometry and sequences for  the separation of the capsule vehicle f rom 

the spacecraft;  and variations in  the command and te lemetry require-  

ments of the capsule, both while i t  is attached to the spacecraft  and 

af ter  i t  is separated.  

Among the variations which 

8. SPACECRA.FT PERFORMANCE MARGINS 

Performance capabilities significantly beyond the minimum r e  - 
quirements need to be achieved for improved spacecraft  reliabiLity 
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and flexibility to handle design changes (o r  additional science equipment). 

Spacecraft operation i s  enhanced when the demands of the components do 

not s t ra in  the resources  of the spacecraft. 

example, which maintains temperatures  subs tantially below the de sign 

l imits for e lectr ical  equipment will improve system reliability and allow 

for design flexibility and the possible addition of new equipment. Similarly, 

a n  electr ical  power supply which m o r e  than meets  the demands of the sub- 

systems in the amount of power available, regulaticn, ripple, e tc . ,  will 

foster a more  reliable mission and allow growth in  subsystem power 

utilization without requiring power supply redesign. 

A thermal  control system, for 

The previous eight cri teria deal largely with what it is that the 

spacecraft  design is supposed to accomplish. 

with how the design is to  meet these goals. 

l isted below the others, the fact that they address  a different aspect  of the 

spacecraft  design makes any ranking inferences not entirely applicable. 

The following cr i ter ia  deal 

Although these cr i ter ia  a r e  

9. USE O F  PROVEN DESIGNS 

Even large analytical, developmental, and ground testing pro-  

grams cannot replace the confidence generated by successful flight- 

proven performance. Therefore ,  the use of components which have 

been proven on successful spacecraf t  is prefer red .  

dist inct  and substantiated improvement is apparent a r e  new designs 

(in the sense that they have not been flown) to be considered. 

Only when a 

10. DEVELOPMENTAL SIMPLICITY 

When development is needed, that i s ,  for  those a r e a s  outside 

the preceding cr i ter ion,  simplicity and minimum r i sk  a r e  to  prevail .  

The acceptance of the value of this cr i ter ion has  been formalized in 

the J P L  Pre l iminary  Voyager 1971 Mission Specification by the estab- 

lishment of a July 1966 development f reeze date. 

11. SIMPLE INTERFACES WITH OTHER MISSION ELEMENTS 

It is desirable that the flight spacecraft  be designed in  such 
away as to provide the simplest interfaces with other  mission elements 
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and to impose the least constraints on other elements of the Voyager 

program. Simple interfaces allow for  greater  independence in  the 

design of the various mission elements while a lso providing higher 

confidence that these elements will function properly when brought 

together. 

12. MODULARITY 

It is desired that the layout and design of the flight spacecraft  be 

conducted so  as to  provide modularity, accessibility, ease of testing, 

and a minimum requirement for  unusual handling and testing facil i t ies.  

Modularity contributes to the versatility in handling different comple - 
ments of subsystem components and science payloads. 

on a la rger  sca le ,  modularity permits  interchanging major  subsystems 

(for example the propulsion subsystem) to  meet  the different require-  

ments of successive launch opportunities. 

modularity is the reduction in  the different types of handling equipment, 

testing equipment, and spares  required. 

13. 

In addition, 

A further benefit of 

COMPLIANCE AND COMPATIBILITY WITH THE INTENT O F  
THE PRELIMINARY VOYAGER 197 1 MISSION SPECIFICATION 

Essentially all of the aspects of the mission specification have 

been recognized i n  the preceding 12 cr i ter ia .  

13th cri terion is in  recognition of the fact that all of the details of 

the J P L  specification constitute applicable c r i te r ia .  

these c r i te r ia  was allowed only if  adequate justification could be 

proved, and this justification had to be with respect  to one o r  more  

of the preceding cr i te r ia ,  

The inclusion of this 

Deviation f r o m  

Such justification was demonstrated to ou r  satisfaction in  a 

few a reas .  

subsystem for  all three configurations and in the power and attitude 

control subsystems f o r  Configuration C. 

Variances f rom the specifications appear i n  the propulsion 

In Configuration A and C, both of which employ a solid r e t ro -  

propulsion motor ,  the 0 .90  Limiting value of p a  the mass ratio p a r a -  

me te r ,  has  been exceeded by 0.01. Compliance with this res t ra in t  
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I. 

i s  subject to interpretation since associated components of the propulsion 

system could reasonably have been included in the initial m a s s  which 

would have decreased the value computed for p. 

in what we regard to be the intent of the rest raint  gives the figure of 0.91. 
However, evaluating t -~  

A design restraint  applicable to the bipropellant liquid propulsion 

system of Configuration B i s  that the propellant expulsion be of the 

positive displacement type. 

of the bipropellant liquid engine, the most attractive possibility appeared 

to be one in which the propellant is expelled by positive displacement 

through all interplanetary trajectory correction maneuvers and through 

the s t a r t  of the orbit  insertion maneuver. For  the remainder of the 

orbit insertion maneuver,  however, acceleration forces on the propel- 

lant a r e  used for  propellant expulsion. Because the amount of propel- 

lant consumed by all the midcourse corrections is a sma l l  fraction of 

the total propellant, this alternate was chosen for  Gonfi.guration B to 

reduce the iner t  weight without compromising reliability. 

In conside ring alternate implementations 

The constraint to  use solar  cells as the p r imary  power source 

was se t  aside to permi t  evaluation of a configuration (Configuration C) 

which, by nature of i t s  communication and attitude control imple- 

mentation, is less  dependent on orientation with respect to the sun 

than other spacecraft  designs. 

be compatible with an orientation independent of a solar  reference. 

The use of RTG power sources  would 

Probably that constraint of the Prel iminary Voyager 197 1 Mission Speci- 

ficatim which we folmd m-net. limiting was  the allowable spacecraft  dynamic 

envelope. The allowable spacecraft height of approximately 5 feet signifi- 

cantly affected: the propulsion subsystem design including both motor de- 

sign and thrust  vector control, the maximum size of a rigid, articulated 

communication antenna which could be carr ied,  and the locating of science 

and attitude control sensors in order  to obtain adequate viewing angles. 

However, since this dynamic envelope interfaced with both the Centaur and 

the flight capsule and since an  almost  infinite number of possibilities pre-  
sented themselves for arriving a t  a different dynamic envelope, the one 

given by the mission specification was kept invariant for this study. 
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IV. SELECTED SPACECRAFT DESIGN 

1. STRUCTURE AND CONFIGURATION 

The basic structure of the proposed 1971 spacecraft, shown in 

Figure 7, consists of a hexagonal, truncated pyramid above the 19-fOOt 

hexagonal disk which forms the base for the solar a r ray .  
r -sect ion corner  members  run from the capsule attachment points to 

six hard points at the Centaur interstage and ca r ry  a l l  ver t ical  loads. 

The six side panels, 1-inch thick aluminum truss-gr id  core  with 

aluminum skins, se rve  as  mounting panels for the electronic subsystems, 

and provide meteoroid protection, heat sink, and the basic shear  path 

of the structure.  

tate spacecraft assembly and maintenance. 

include extruded ra i l s  on their  inner sides for equipment mounting and 

car ry  thermal  control louvers appropriately located on their  exteriors.  

Six aluminum 

The panels a r e  hinged along their lower edge to facil i-  

Four of the six side panels 

A semimonocoque truncated cone of aluminum i s  centrally located 

as support for  the solid-propellant r etropropulsion engine. To reduce 

heat conduction, a fiberglass attach angle is  provided at the lower end 

of this cone for attachment of the solid motor. 

vide uniform engine support into the six corner frame members  of the 

main bus structure.  

mounted at the base of the solid engine nozzle. 

Six of the s t r ingers  pro- 

Tanks for liquid injection thrust  vector control a r e  

A 10-foot hexagonal aluminum t russ -gr id  panel below the solid 

engine ca r r i e s  tankage for both attitude control and midcour s e  propul- 

sion. 

s t ructure  and two tension s t raps .  

forged hemispheres welded together. 

Each pressurization tank is  held in place by a cradle  suppori 

All  tanks a r e  made from titanium- 

The solar a r r a y  utilizes six identical, 1 -inch thick, aluminum 

honeycomb panels attached by fiberglass angles to the bus structure.  

These panels provide vibration stiffness and act  a s  heat sinks to assist 

in  thermal  control of the solar a r ray .  Six horizontal radial  beams run 
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I. THERMAL INSJUTION 
2. PROTECTIVE COVER 
3. DE-BOOST ENGINE 
4 .  IONOSPHERE EXPERIMENT ANTENNA 
5. 
6. MEDIUM GAIN ANTENNA 
7. EVASIVE MANEUVER NOZZLE 
8. PUNET ORIENTED PACKAGE 
9. 
IO. COARSE SUN SENSOR (4) 

I I. SOUR ARRAY PANEL (6) 
I?. SOUR CELL 
13. LOW GAIN ANTENNA 
14. NEAR EARTH SENSOR 
I S .  MICROMETEOROID IMPACT SENSOR 
16, DE-BOOST ENGINE SUPPORT STRUCNRE 

CANOFUS SENSOR(2) AND GYRO PACKAGE 

STABILIZATION AND CONTROL NOZZLE (16) 

17. MID-COURSE ENGINE PROPELLANT TANK AND 
WPPORT (2) 

18. EVASIVE MANEUVER GAS TANK AND SUPPORT ( 
19. MID-COURSE ENGINE 
20. STABLIZATION AND CONTROL GAS TANK AND 

I 25. LANDER TO SPACLCRAFT ANTENNA 
: 26. MGNETOMETER EXPERIMENT-FIXED 

30. ELECTRICAL PANEL HARNESS ASSEMBLY 
31. HIGH GAIN ANTENNA 
32. INTERPLANETARY SCIENCE PACKAGE 

20 6 1 9  

Figure 7. Exploded View of Selected Design 
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f rom the corners  of the bus to support the edges of the solar panels and 

the equipment mounted around the periphery of the solar array. 

loads a r e  car r ied  by t h e  tubular s t ruts  running from the  ends of the 

horizontal support members  to the corners  of the bus. 

Vertical 

The 6-foot antenna, stowed on a triangular brace during boost, is 

f ree  to ro t a t e  on i t s  two gimbals after it i s  released; the 3-foot antenna 

moves in  one plane only. The X-shaped VHF antenna, a turnstilewith r e -  

flector, i s  mounted behind the solar a r r a y  between the base from which 

the magnetometer boom unrolls and the micrometeoroid detector, The 

POP,  holding those instruments which face M a r s  af ter  the spacecraft is  

in orbit, is articulated by a rotating shaft and fork-mount permitting 

motion in  two orthogonal planes. 

lected configuration in  Figure 8 i l lustrate  assembly of the elements 

shown in the exploded diagram of Figure 7. 

the positioning of the monopropellant nozzle inside a cavity at the r e a r  

of the solid engine and the thermal  coupling between the heat generating 

electrical  equipment and the thermal  control louvers. 

Photographs of the model of the se- 

In Figure 1 can be seen 

A weight breakdown of the spacecraft by subsystem is given in 

Table 3 .  
6 per  cent has been applied to the nominal weights. 

reflects the over-al l  level of confidence of the weight estimates;  it 

allows for uncertainties in weight estimation techniques, slight modi- 

fications of the design, and balance weights; it a l so  includes an  allow- 

ance for normal  weight growth during development. 

In arriving at these weight calculations, a contingency of 

This contingency 

Since in  Configuration A the spacecraft  separation pLane is 

located at the field joint, there is little weight associated with separa-  

tion above the combined field separation joint. 

250 pounds for the spacecraft  adapter and support above the field joint, 

only 12 pounds is  estimated f o r  cabling, the mechanical disconnect 

system, and other separation provisions. 

ted weight is available as additional margin. 

Thus, of the allocated 

The remainder of the alloca- 
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F i g u r e  8 .  Model  of Selected D e s i g n  
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CAhOPLS VIEWPO 

Figure  8. Model of Selected Design (Continued) 
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Table 3 .  Weight Analysis of Selected Spacecraft  Design 

Propulsion Capsule Bus Total 

Spa c ec r a ft BUS 

M echanical and pyrotechnics 
Spacecraft structure 
The rma l  control 
Telecommunications 
Electrical  power 
Electrical  distribution 
Central  sequencing and command 
Stabilization and control 
Science support 
Margin 
Contingency 

Spacecraft Propulsion System 

Retropropulsion 
Inert  weight 
Module structure 

Inert  weight 
Midcour s e  propellant used 

Evasive maneuver propulsion 
Contingency 

Midcour se  propulsion 

Spacecraft Science Payload 

Spacecraft Weight in Orbit 

Propulsion 
Retropropellant for  deboost 
Inerts expended 

Spacecraft Weight After Capsule 
Separation 

Flight capsule 
Remaining capsule components 
(ejected after capsule separation) 
Capsule vehicle 
Jettisoned canister 

Spacecraft Weight Before Capsule 
Separation 

Propulsion 
Median midcour se propellant used 

Separated Planetary Vehicle 

TOTAL 

Adapter Allocated Weight Above 
Field Joint 

Adapter weight above field joint 

Adapter allocated weight not used 
remaining with Centaur 

TOTAL PLANETARY VEHICLE WEIGHT 

315 
21 

75 
215 

2 
29 

2733 
70 

150 

1950 
200 

37 
489 

50 
160 
314 
142 
27 

100 
114 
187 
113 

267 

40 

3500 2300 2000 

37 
489 

50 
160 
314 
142 
27 

100 
114 
187 
113 

315 
21 

75 
215 

2 
29 

267 

2657 

2733 
70 

5460 

150 

1950 
200 

40 

7 800 

7800 

12 
238 
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2. SCIENCE PAY LOAD 

After studying the possibilities for  interplanetary experiments of 

the next generation, it was concluded that these experiments will very 

likely consist of instrumentation operating on the same principles as 

those carr ied on Mariner  and other spacecraft  but with additional capa- 

city. 

was selected but outputs of higher data ra tes  a r e  postulated. 

set is listed in  Table 4. 

Thus, a set of instruments similar to those car r ied  on Mariner  

A typical 

Table 4. A Possible Set of Scientific Instruments 

Inter plan eta ry  Experiments 

Directional micrometeoroid detectors (4) 
Solar plasma detectors (2)  

Cosmic ray detectors (4 )  

Solar f lare  detectors (3)  

Helium magnetometer (1) 

Body -Mounted Planetary Experiments 

Flux- gate magnetometer 

Radio noise 

R F  occultation 

Planet- Oriented Experiments 

Pulsed digital scan mapping camera 

High- resolution camera 

UV spectrophotometer (0.11 to 0.34 p) 

IR spectroradiometer (0.7 to 20 p) 

IR multichannel scanning radiometer 

UV photometer flash detector (0.25 to 0.45 p) 

At the available telemetry rate of 4096 bi ts /sec,  a par t ia l  map of 

M a r s  a t  a resolution of 1 km can be obtained during an orbital period of 

6 months. Complete coverage over 120 degrees of latitude can be obtained 
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in three colors. The television equipment postulated, which incorporates 

the capability for nested pictures with a resolution of better than 1 km,  

uses  a pulsed digital scan of 1020 by 1024 points, obtaining 6.3 x 10 

bits/picture,  and a storage vidicon to permit reading into the bulk data 

storage equipment a t  a rate of 163, 000 bi ts /sec.  

6 
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,/ 
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3- 

TWO AMs ’ 
GIMBAL 

Figure 9. Selected P O P  
Configuration 

The POP,  holding all those 

experiments which benefit f rom ar t icu-  

lation with respect to  the spacecraft  

body, provides 8 cubic feet for experi- 
ments and a 6-square foot Mars  view- 

ing a rea .  P O P  configurations having 

no gimbals, one gimbal, and two gim- 

bals were evaluated in t e r m s  of opera- 

tional utility, vehicle interface, and 

implementation complexity. In addition, 

two-gimbal subsystems received fairly 

detailed design evaluation covering 

equipment layouts, gimbal and drive 

design, and design difficulty. The 

tradeoff factors associated with over- 

a l l  P O P  design and considerations 

related to mechanization techniques a r e  

presented in  Volume 5, Section 11-2. 

Figure 9 shows the selected P O P  configuration. 

on the end of a rotating shaft; the fork provides &I30 degrees  of rotation 

and the shaft fi180 degrees. 

It is supported by a fork 

3. TELECOMMUNICATIONS 

3.1 Communications Subsystem 

In the study of the communications subsystem for the selected 

configuration, the alternates considered covered S-band t ransmit ter  

outputs in the range of 10 to 80 watts with telemetry r a t e s  between 128 
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and 8000 bits/  sec, single- and double -gimballed antennas of various 

sizes,  and the options available for bulk data storage in the spacecraft. 

Crit ical  choices were made with respect to the low-gain antenna cover- 

age and the type of telemetry link between the capsule and the spacecraft. 

The selected configuration (Figure 10) has three S-band antennas: 

low, medium, and high gain. 

the baseline subsystem since the weight-reliability studies demon- 

strated that the redundancy backup provided for the high-gain antenna 

was an efficient means for enhancing total  spacecraft  reliability. 

The medium-gain antenna was added to 

The low-gain antenna provides approximately hemispherical  

coverage (-8 db minimum for 90 degree cone angle) for short  range, 

and at least  2 db over a 45-degree cone angle as required for encounter 

range. (See Volume 2,  VS-4-310, Section 5. 3.2) The high-gain antenna 

is  a double-gimballed 5.5 x 6. 5 foot elliptical paraboloid providing 30-db 

gain, the slight ellipticity necessitated by fairing constraints. F o r  this 

configuration, an unfurlable antenna i s  required to obtain higher gain. 

Until the reliability of unfurling mechanizations i s  established, it did 

not appear desirable to incorporate them in a conservative design. The 

broader beamwidth of the 3-foot medium-gain antenna (10 degrees),  en- 

ables the use of a single-gimballed drive without excessive pointing lo s s  

after the f i r s t  30 days of flight. 

Optimization studies showed that the reliability gained by incorpor- 

ating a separate S-band receiver with each antenna was well worth the 

cost in weight, providing that automatic receiver  output selection was 

provided. 

nected to a separate antenna eliminated the need for receiver/antenna 

R F  switching. The transmitter power amplifiers considered included 

klystrons, amplitrons, triodes, and travelling wave tubes. 
of known lifetime, reliability and availability, 20-watt TWT's f rom the 

Apollo program were  selected. Redundant power amplifiers, c ross -  

strapped to redundant modulator-exciters through a single four-port 

hybrid, were selected as the most reliable configuration. 

Moreover, having three rece ivers  each permanently con- 

On the basis 
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Normal and backup modes of telemetry t ransmission a r e  listed in 

Table 5. 

tenna and low noise m a s e r  preamplifier at the DSIF ground stations. 

During cruise,  to a range of 1 .3  x 10 

is  possible using the 85-foot diplexed antenna. 

t ry  system performance a s  a function of t ime from launch. 

The maximum ranges and bit rates assume the 210-foot an- 

8 km, operation at 1024 b i t s / sec  

Figure 11 shows teleme- 

Table 5 .  Transmission Modes 

Power Mode (watts) Antenna 

Normal 

I (launch) 1 

I1 (after sun-Canopus 1 
lock) 

111 (cruise,  maneuver, 20 
encounter, orb i t )  

Backup 

IV 

V 

VI 

1 

20 

20 

low - gain 

6 f t  

6 ft 

3 f t  

3 ft 
low - gain 

Using the 85 foot dish and a 100-kw transmit ter  at the ground station 

and the low-gain antenna on the spacecraft, command of the spacecraft i s  

possible to a range of 2 .  5 x 10 Beyond this range, the medium- o r  

high-gain spacecraft  antennas a re  required. 

link performance a s  a function of t ime from launch. 

km requires  the 100 kw transmitter and 210-foot dish a t  the DSIF. 

operation with the 10-kw transmitter and the 85-foot antenna will permit 

ranging to about 6 x 10 

8 km. 

F i g u r e  i 2  shows the  ccmmand 
8 

Diplex 

Ranging to 2. 5 x 10 

7 km. 

For  the capsule- spacecraft link, frequency and modulation studies 

evaluated coherent PSK and noncoherent F S K  and FSK/AM systems. 

Noncoherent FSK was selected since it is the system most  tolerant of 
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Figure 11. Typical Voyager Performance Margin versus  Time,  
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Figure 12. Typical Voyager Performance Margin ve r sus  T ime ,  
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the multipath propagation effects;  in addition, the post blackout acquisi- 

tion problem associated with a coherent system i s  eliminated. 

parallel-connected VHF receivers  and demodulators with separate out- 

puts to the telemetry system were  chosen for  high reliability. A fixed 

VHF turnsti le antenna providing a 110-degree beamwidth i s  connected to 

a low-noise preamplifier feeding the redundant rece ivers  and 

demodulators. 

Redundant, 

3.2 Data Handling 

The commEnications system has a maximum transmission r a t e  

of 4096 b i t s / sec ,  with commanded o r  programmed al ternates  of 2048 

and 1024 bits/sec.  In addition, studies showed that system reliability 

could be usefully improved by incorporating a capability for an emer -  

gency telemetry ra te  of 128 bi ts /sec.  

- --A- 

-rr 

a- 

Data storage in  the spacecraft is  required by the M a r s  video 
‘---.uI-Iy 

pictures at a r a t e  which precludes real- t ime transmission. Based on 

resolution and other factors discussed in Section 2 of Volume 5, it 

appears desirable to provide storage for 24 pictures together with 

other high-rate scan data for a total storage requirement of 2 x 10 8 
~ -.%- 

~ ~ ~ ~ , . * - ,  *.C .= >- ..1 I 

Readout directly f 

t ry  ra tes ,  but for the backup mode of 128 b i t s / sec ,  a two-step 

e recorder  i s  possible at the higher 3 
f 

process  is  required: 

(about 115,000 bits) and then stopping this t ransfer  until the buffer i s  

reading into the core  buffer until it i s  filled 
I 
I 

The selected data-handling subsystem (Figure 13) performs various 

multiplexing functions a s  well as encoding, conditioning, and storing data. 

The hardware elements of the subsystem consist of two PCM encoders, 

two bulk storage tape recorders ,  a buffer co re  memory,  and a signal 

conditioner. Redundant units have not been provided for the buffer core  

memory  and the signal conditioner since these units a r e  not in line with 

the flow of the major  portions of the data in normal  operating modes. 

The redundant PCM encoder can be switched by ground command. 

subsystem operates in seven data-gathering modes a s  shown in Figure 14. 

The 
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PCM ENCODER 

LOW RATE 
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Figure 13. Data Handling Subsystem Simplified Block Diagram 

ENGINEERING AND CAPSULE - 64 WORDS FRAME- 

28,672 BITS/PRIME FRAME 

a LOW RATE SCIENCE DATA 

I 448 BITS/FRAME I 

448 BITS/FRAME 

CAPSULE - 64 WORDS 

Figure 14. 

@ HIGH RATE SCIENCE DATA MIX 
J .  

I VIDEO PICTURE 
6 . 8 7  x 10' BITS 
448 BITS/FRAME 

SCAN AND SPECTROMETER DATA 
1.2  X IO6 BITS- 448 BITS/FRAME 

LOW RATE SCIENCE DATA (FROM BUFFER) 
256 FRAMES- 448 BITSIFRAME 

APPROX 1.15 X I@ BITS MAXIMUM 

ENGINEERING (REAL TIME) AND CAPSULE DATA 
64 FRAMES- 64 WORDS/FRAMES 

@ CALIBRATE SCIENCE DATA 

I 448 BITS/FRAME I 
I 

@ CAPSULE DATA 

256 FRAMES 

a BUFFER STORED HIGH RATE SCIENCE DATA MIX 
W 

256 FRAMES HIGH RATE SCIENCE 
(VIDEO AND/OR SCAN AND SPECTROMETER) 

448 BITSIFRAMES 

64 WORDSIFRAME 

Data Gathering Modes 
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4. POWER AND CONTROL 

4.1 Power Subsystem 

It is evident f rom the spacecraft design criteria that solar  cells 

With the capsule lo- constitute the p re fe r r ed  primary power source. 

cated at one end of the spacecraft, the other end i s  available fo r  mounting 

an  extensive solar a r r a y  with unobstructed view toward the sun. F o r  

the selected configuration this face provides 190 square feet of useful 

area for mounting body-fixed solar cel l  modules; there  is  no need to 

deploy solar panels. 

I 1 50 VDC t 1% BUS EDUNDANT UNIT 
WITCHING CONTROL 
IGNALS 

INSHUNTEI 
ARRAY 

T 

Ir 
POWER 

CONTROL 
UNIT 

- 

SHUN1 
CONTROL 

BATTERY 
REGUIATOR REGUMTOR 

Y 
CAPSULE 

F N T R C J L  THERMAL 

Figure  15. Power Subsystem Block Diagram 

The power subsystem (Figure 15) consists of the solar  a r r a y ,  

solar a r r a y  shunt voltage l imiter ,  secondary batteries,  battery 

regulators,  power conditioning equipment, and a power c o d r o l  unit. 

The solar cells a r e  installed on six identical panels, each panel having 
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two parallel-connected sections. 

s e r i e s  by 28 parallel  connected 2 x 2 cm, n-on-p silicon solar cells 

provided with 6-mil fused sil ica cover slides, making a total  of 

38,976 solar cells for  the a r ray .  

regulation of the a r ray  output to 50 VDC f 1 percent. 

output of the solar a r r ay  is approximately 10 amperes  at 50 volts at 

1 AU and 8.4 amperes  at 50 volts (420 wa t t s )  at 1. 67 AU, corresponding 

to encounter plus 6 months and conservatively assuming a M a r s  

radiation flux equivalent to that at earth. 

approximately 5 per cent power margin exists. 

Each parallel  section consists of 116 

Tap points permit  par t ia l  shunt 

The electr ical  

At encounter plus 6 months 

The two 30-cell, 25 amp-hr  silver-cadmium batteries,  each with 

a charge-discharge regulator, operate in parallel  under normal  con- 

ditions. Should a battery o r  regulator malfunction, the associated 

battery and regulator a r e  disconnected by the power switching and 

logic circuitry. A single battery can support essential  spacecraft  

loads through eclipse and maneuver phases, 

f rom the 50 VDC bus through simple dissipative current  l imiters.  

Whenever the solar a r r ay  i s  incapable of supporting the system load, 

as during maneuvers and eclipses, the batteries discharge through 
boost regulators to maintain the regulated 50 VDC bus. 

The bat ter ies  a r e  charged 

The two main outputs f rom the power subsystem a r e  the regulated 

50 VDC bus and a 50 VAC f 2 per cent, 4.1 kc, single-phase, square- 

wave bus. In addition, 410-cps single-phase and 820-cps two-phase 

inverters  supply AC power to drive motors  and control gyros. 

Sequential inverter redundancy i s  provided by sensing AC bus under- 

voltage and switching to standby inverters  in the event of inverter  fail- 

ure. 

4. 2 Stabilization and Control 

A se r i e s  of studies directed toward defining the simplest  and mos t  

reliable mechanization fo r  stabilization and attitude control considered 

performance requirements, development status of components, and the 

possibilities for  incorporating alternate modes of operation. These 
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studies culminated in the adoption of a subsystem very similar to that 

of Mariner  C. 

control subsystem (SCS), the establishment of easily acquired attitude 

references,  

objective. Consideration was given t o  earth-Canopus and sun-Mars 

as well as sun-Canopus references; the sun-Canopus reference was 

selected because of i t s  over-all simplicity, a simplicity which reflects 

into reduced requirements on the spacecraft sequencer as well as the 

scs. 

In the over-all  sys tem definition of the stabilization and 

which remain useful throughout the mission, was a pr ime 

Initial Acquisition 

Cruise  

Reorientation 

Midcour se Correction 

Iner t ia l  Control 

Reacquisition 

Retropropulsion 

A functional diagram of the SCS i s  given in Figure 16. It provides 

automatic acquisition of the inertial  reference and three-axis stabilization 

throughout the mission, and controls reorientation of the spacecraft  upon 

command for  velocity adjustment o r  capsule separation. Mode control to 

enable use of the various sensors  and torque sources is done by commands 

from the spacecraft sequencers and by logic based on sensor  outputs. The 

modes and associated equipment elements a r e  summarized in Table 6. 
Table 7 l i s t s  the sensors  used for  attitude reference signals. The near -  

ear th  sensor  is  used early in  flight to verify that the s t a r  t racker  has  in 

fact locked on Canopus. 

X X X X X 

X X X 

X X 

X X X 

X X 

X X X X 

X X X 

Table 6.  Voyager Stabilization and Control Subsystem Modes 

I Sensors  I Actuators 

Gyro 
Gas  3et LITVC Rate *Cn:,de 

Coarse Fine Star 
Sun Sun 

Sensor  a"  
I.I.,..-. ~ - ~ 

Control Mode 

I Sensor Sensor  
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Table 7. Attitude Reference Sensors  for Stabilization 
and Control Subsystem 

Gyros One - deg r ee - of - f r eedom, integrating, 
temperature  controlled with heaters  (3 )  

Coarse Pitch Sun Sensor Solar cells,  back-to-back with lens (2)  

Coarse Yaw Sun Sensor Solar cells, back-to-back with lens (2 )  

Fine Sun Sensor Shaded silicon photovoltaic quad cell  

Canopus Sensor Image dissector tube (Mariner-C 
de sign) 

N e a r  - Earth Detector Cadmium sulfide cell, with lens 

Control torques f o r  cruise  and in-orbit operation a r e  obtained 

by expelling heated nitrogen gas through nozzles that produce couples 

about each of the principal control axes. When the midcourse mono- 

propellant rocket is firing, pitch and yaw axis  control torques a r e  ob- 

tained by deflecting je t  vanes in the rocket nozzle. 

retropropulsion firing, pitch and yaw axis torques a r e  obtained by 

liquid injection. 

vided by the pneumatics system, using special nozzles of higher thrust  

during retromotor operation. 

During the solid 

Roll control during operation of both engines is  pro- 

The reaction control system selected for the Voyager spacecraft 

s tores  gaseous nitrogen, and incorporates the capability for e lectr ical  

res is tance heating of the g a s  immediateiy upstream of the i iozzks ,  

This system, i l lustrated schematically in  Figure 17 consists of two 

redundant storage tanks and feed systems, 12 normal  thrust  nozzles, 

four high thrust  ro l l  nozzles, 16 on-off solenoid valves, two p res su re  

regulators,  relief valves and charging valves, and four p re s su re  

transducers.  

increase  in potential life by approximately a factor of two when compared 

with a cold nitrogen system of the same weight. 

The purpose of using heated nitrogen is to provide a n  

The nitrogen is heated 
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PRESSURE 
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PRESSURE 
REGULATOR 

PRESSURE 
TRANSDUCER VALVE TRANSDUCER 

SOLENOID 
CONTROL 

THRUST NOZZLES 

Figure 17. Heated Gaseous Nitrogen Reaction 
Control System Schematic 

only during periods in  which an  excess of e lectr ical  power i s  available. 

The Voyager system i s  sized to provide at least  twice the required 

impulse, not considering the effect of the heaters;  the hea ters  therefore 

have no reliability implications for the required mission life. 

5. CENTRAL SEQUENCING AND COMMAND SYSTEM 

The nature and complexity of a central  sequencing and command 

system (CS & C) for the Voyager mission depends on the number and 

kinds of functions it must perform. 

perform timing and sequencing operations, but it might a l so  provide 

computational support in navigation, data compression, experiment 

sequencing, and subsystem fai lure  analysis,  Thus the system at 

one extreme may be a relatively simple sequencing device with command 

decoding capability o r  on the other a rather  complex computer. 

As a minimum requirement it must  
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In our studies two areas  of over-all  systems tradeoffs strongly af- 

fected the choice among the alternatives: choices pertaining to the dis t r i -  

bution of on-board functions between the CS & C and the other subsystems, 

and choices relating to ground versus  on-board distribution of control. 

The selection of on-board commands had to consider the resulting space- 

c raf t  mechanization, and the selection of ground commands had to supply 

adequate real-t ime ground control and provide any required backup to 

on-board control. 

which provides on-board sequencing for  the major  maneuvers with the 

sequencing initiated by ground commands. 

The final selection favored the simpler configuration 

The selected subsystem consists of a n  input decoder, a command 

decoder, a sequencer, and a power converter; each of these units is 

supported by another identical unit so that the subsystem is fully 

redundant. A block diagram i s  shown in Figure 18. 

In operation, the CS & C subsystem accepts messages f rom the 

command detector and routes discrete  signals to  other spacecraft  

subsystems in response to direct  commands; it a lso s tores  command 

data as required. 

memory which holds 256 18-bit words. The memory is function- 

oriented in  that each word location i s  identified with a specific function. 

Each s tored command discrete contains a time of command execution, a 

mode identification tag, and a verification bit. Associated data is located 

in  a n  adjacent cell a s  required. 

Commands are s tored in  a random access  core  

In addition to c o n t r o l h g  the operatinn nf the spacecraft, the CS 

& C performs a synchronizing function by distributing clock frequencies 

to the data handling and power supply subsystems. 

are a l so  used i n  the CS & C to control the issuance of s e r i a l  data and 

discrete  commands. 

lapsed time recordfor  400 days. 

These frequencies 

A 26-bit clock provides a continuous 1 -second 

6. ELECTRONICS PACKAGING 

Except for sensors and science equipment which require  mount- 

ing at particular places on the spacecraft  s t ructure ,  all electronic assem-  
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Figure 18. Central Sequencer and Command Subsystem 
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assemblies  a r e  mounted on temperature-controlled panels (Figure 19). 
These panels form the exterior surface of the spacecraft, ac t  a s  heat 

sinks, and provide micrometeorite protection for the electronics. Louvers 

on the facing sides of the panels provide thermal  control. At present, four 

of the six bus faces, each only partially filled, accommodate all the 

electronics. 

ATTITUDE CONTROL 

U HARNESS ASSEMBLY 
(SHOWN IN RAISED POSITION) 

.--_-- 
ANTENNA 
LOCATION 

Figure 19. Electrical  Equipment Subsystem Panel Installation 
Acce ssibllity concept 

A standardized packaging concept is used for virtually all of the 

electronics,  except those devices, such as  sensors ,  whose shape and 

mounting requirements a re  unique. The level of standardization which 

was selected encompassed both standard external shapes and standard 
methods of internal construction. 

construction var ies  with the circuit  type to be packaged as  il lustrated 

in Figure 2 0 .  

selected, as shown in Figure 21. 

The proposed method of internal 

Fo r  chassis construction, two approaches have been 

In general  a single integral  chassis 
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APPROACH I APPROACH 2 APPROACH 3 
INDIVIDUAL SUBASSEMBLY CHASSIS SINGLE INTEGRAL CHASSIS 

FOR ONE ASSEMBLY 
INDIVIDUAL SUBASSEMBLY CHASSIS 
MECHANICALLY STRAPPED TOGETHER 
TO FORM ONE ASSEMBLY 

Figure 20. Electronics Assembly Packaging Techniques 

Figure 2 1. Perspective of Generalized Packaging Concept 

construction is preferred for digital circuitry,  battery packs, and 

electromechanical devices such as  the tape recorder .  

subassemblies, mechanically strapped together, a r e  prefer red  for  

analog and R F  circuits. 

Individual 
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The selected packaging concept allows considerable flexibility 

in the choice of packaging techniques ranging f r o m  the conventional 

printed circuit  boards and cordwood modules for  discrete components to 

multilayer circuit  boards f o r  integrated circuits.  The selected concept 

is  also readily compatible with compartmentalized construction such as 

for RF circuitry. 

7. THERMAL CONTROL 

The thermal  control subsystem design studies have centered 

principally on the Mariner  concept of a n  insulated compartment with inter-  

nally dissipated power radiated to  space through individually actuated 

louvers. 

inadequate. 

surfaces of the honeycomb side panels f rom which heat i s  conducted to 

the external surface and radiated as controlled by louvers to  space. 

detailed tradeoff and alternative system mechanization considerations have 

dealt primarily with various techniques of louver blade construction and 

actuation and the positioning of insulation boundaries. 

springs for the louvers have been selected. 

Initial studies showed that a completely passive system is 

The electronic components a r e  mounted to the internal 

The 

Bimetal  actuating 

The features of the spacecraft design which contribute to its 

temperature control a r e  iiidicated in  Figure 22. All  nonradiating a r e a s  

a r e  insulated to constrain heat  flow into and out of the spacecraft. 

Spacecraft surfaces having a large view of the solid motor exhaust 

plume a r e  protected by high-temperature insulation. 

Within the spacecraft bus, heat-producing eoi- i ip~nents are located 

so as  to provide for f a i r l y  uniform thermal  distribution. 

located tankage is shielded f rom the sun. 

and its surface characterist ics promote thermal  coupling with the 

spacecraft  structure.  

units, low-conductance plastic s t ruc tura l  attachment fittings a r e  used. 

The centrally 

The tank support s t ructure  

To limit conduction f rom operating propulsion 

8. PROPULSION 

As has been discussed in  Section 11, the selection of the type of 

propulsion subsystem represents one of the main decision points i n  
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ROCKET MOTOR CASING EQUIPMENT PACKAGES 

Figure 22. Thermal  Control Fea tures  of the 
Selected Voyager Configuration 

the study, not so much because the alternate types differ significantly 

in performance and reliability, but because the choice has  a strong 

influence on the over -all spacecraft  configuration. 

The basic alternatives considered for spacecraft  propulsion were: 

1) a combination system in which a monopropellant hydrazine subsystem 

is used to provide impulse for  midcourse velocity correct ions and orbit  

t r im maneuvers and a solid propellant motor is used to provide impulse 

for the retromaneuver, and 2)  a storable liquid bipropellant system in 

which impulse f o r  both the midcourse correction and the retromaneuver 

i s  provided by a single engine. 

tiple monopropellant engine s o r  a side -firing engine were  reviewed and 

eliminated ear ly  in the over-all configuration studies. 

More elaborate approaches such as mul- 

In view of the fact  
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that both choices a r e  essentially equivalent insofar as ultimate performance 

i s  concerned, the major factors which decided the choice in favor of the 

f i r s t  alternative above were: 

The relatively compact nature of the combination system 
resulted in  significantly grea te r  flexibility in  the vehicle 
design. 

The status of propulsion technology is w e l l  established 
for all elements of the combination system. No  problem 
areas requiring extensive development testing for 
reliability verification a re  anticipated, a conclusion that 
cannot be applied to the single-engine bipropellant system. 
Although the feasibility of the bipropellant system is 
sufficiently well established to  qualify for consideration 
under the general  guidelines, several  components 
including the main engine will require relative lengthy 
development programs to verify the design and ensure 
that the reliability potential has  been achieved. 

The bipropellant engine, a s  configured, does not have 
orbit  trim capability because of the limited positive 
displacement approach. 
the engine i s  no longer comparable in  weight with the 
solid system. 

If trim capability is  provided, 

The bipropellant engine could achieve the required mid- 
course maneuver accuracy but could not achieve the 
desired accuracy goal. This goal is  achievable with the 
combination of solid and monopropellant engines. 

8. 1 Retropropulsion 

The retropropulsion subsystem i s  a solid-propellant motor 

(Figure 23) equipped with liquid injection thrust  vector control. 

motor performance is suiiirriarizzd ir, Table 8. 

a solid propellant grain in a fiberglass p re s su re  case,  filled-rubber 

internal  insulation, a n  ablative exhaust nozzle, a refractory throat 

inser t ,  a nozzle seal, a n  igniter with safe and arm unit, and the liquid 

injection thrust  vector control. 

four electrically-controlled modulating injector valves, a n  injectant 

tank and pressurization system, a supply of Freon, and associated elec- 

tronics. 

g a s  generator outlet a r e  sealed with metall ic burst  diaphragms. 

Nominal 

The motor consists of 

The liquid injection system consists of 

Welded fittings a r e  used throughout, and the valve ports and 
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Figure 23. Solid Propellant Engine 

_ -  I 

Table 8. Performance Pa rame te r s  of Selected Retromotor Design 

P e r  forrnanc e: 

Standard specific impulse ( sec)  

Effective vacuum specific impulse ( sec)  

Mass  fraction (propellant / total) 

Mass  fraction (expended /total) 

Maximum thrust  (lb) 

Average thrust  (lb) 

Maximum chamber p re s su re  (psia) 

Expansion ra t io  

Burn t ime (sec)  

Propellant Propert ies :  
3 Density (lb/  in  ) 

Burning r a t e  (in / s ec )  

249 

293 
0.87 

0 .9 i  
15,000 

8500 

700 

50 

90-100 

0.064 

0.21-0.25 



8.2 Midcourse Propulsion 

The midcourse propulsion system (Figure 24) consists of two 

combination gas  storage and propellant tanks, propellant flow control 

valves, and a monopropellant rocket thrust  chamber assembly. The 

propellant is  anhydrous hydrazine. 

catalyst which initiates spontaneous decomposition of the hydrazine. 

The thrust  chamber contains a 

LEGEND 

b6 
HAND VALVE 

EXPLOSIVE ACTUATED 
VALVE 

d 
Db 

SOLENOID VALVE 

INSTRUMENTATION 

He FILL 

Tt 

N O R M L L Y  NORMALLY NORMALLY 
OPEN 

Figure 24. Liquid Propellant 

Multiple start capability 

Rocket Engine and Associated Feed System 

is achieved by the ganged explosive 

valves shown in Figure 24. 
a r e  provided by a solenoid-operated backup valve which takes over after 

the explosive valves have been used. 

gine a r e  as follows: 

Redundancy and additional s t a r t  capability 

Other character is t ics  of the en- 
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Specific impulse 230 sec  

Initial thrust, lb 50 lb 

Minimum velocity increment 

P r e s  surant gas  He 

0.  1 m / s e c  

Thrust  vector control is by four je t  vanes, each producing 

approximately 2 pounds l i f t  when fully deflected. 

vector is parallel  with the spacecraft  ro l l  axis  and passes  through the 

center of gravity of the  planetary vehicle. 

i s  adjustable within t - 0.2 degree of the geometric engine centerline. 

8.3 Evasive Maneuver Propulsion System 

The nominal thrust  

Thrust  vector of the engine 

A cold g a s ,  blow-down propulsion system is car r ied  for the specific 

purpose of assuring tha t  the spacecraft and capsule w i l l  not collide 

af ter  the capsule separates. 

2000 psia, an  explosively-actuated valve, and a nozzle. 

a firing command from the CS &C actuates the squib valve. 

at a n  initial thrust  level of 0. 1 pound, the system impar t s  a 0. 2 f t / s ec  

velocity increment to the spacecraft. 

9. DEPLOYMENT AND SEPARATION 

It consists of a nitrogen tank initially at 

In operation, 

Starting 

At specified points in  the Voyager mission the following separation 

and deployment events a r e  programmed: 

0 Booster separation 

0 High-gain antenna re lease  

0 Medium-gain antenna release 

0 Magnetometer boom deployment 

0 Capsule cannister separation 

0 Capsule separation 

0 Jettison capsule adapter and cannister. 

Several  mechanisms have been studied for booster separation; 
s t r e s s  analysis has indicated that an arrangement incorporating three 

bolts and separation nuts and three  shear  pins (F igure  25) i s  the p r e f e r -  

able approach. Pending fur ther  information on the capsule design, 
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it appears  that a s imilar  arrangement is desirable for the capsule 

interface, in which three hard points take a l l  shear  and three hard points 

take all tension. Prel iminary analyses indicate that three 1 -2/inch studs 

will adequately hold the capsule in position during launch and flight. These 

same three studs a r e  released to jett ison the portion of the capsule cover 

remaining af ter  capsule separation. This mechanization was specifically 

designed so as not to intrude into the capsule attachment point adapters a s  

shown in Figure 4 of the JPL Pre l iminary  Voyager 1971 Mission 

Specification. 

BOLT CATCHER > / SPACECRAFT 

SOLAR PANEL 

/ SEPARATION NUT' 
CENTAUR STAGE 

POWER FROM 
CENTAUR 

BOLT CATCHER 

SEPARATION PLANE ~ - -  

- CkNTAUk 

SEPARATION NUT u" TWG INITIATORS 

Figure 25. Separation Joint Assembly 
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V. OPERATIONAL SUPPORT EQUIPMENT 

In the design of a l l  operational support equipment (OSE) for the 

Voyager spacecraft ,  five principles have been followed: 

1) Contamination of the capsule wil l  be prevented 

2) Insofar a s  possible OSE w i l l  be applicable to both 
the 1969 tes t  flight and the 1971 mission 

3)  The OSE will  readily adapt to payload changes 

4) Straightforward techniques , previously used 
wherever possible, will  be followed 

5) Insofar a s  possible launch complex OSE wi l l  duplicate 
factory OSE. 

In designing the electrical  OSE i t  was necessary fur ther  to 

determine the level of automation (and hence of OSE sophistication) 

to support the Voyager spacecraft. 

launch in  a relatively narrow launch window argues for  a high degree 

of automation because of the rapidity with which faults can thereby be 

detected and isolated. On the other hand, spacecraft  p rograms with 

relatively few launches tend more toward the use of manual checkout 

equipment, because the total cost is lower despite the greater  number 

of checkout engineers required. 

one of a relatively large degree of automation. 

consoles incorporating self-check capabilities , mission simulation, 

and automatic fault isolation have generally been adopted. 

deciding factor was the conclusion that an  automated approach is more  

conducive to prelaunch confidence in the reliability of the spacecraft .  

Morever ,  automated checkout equipment could also provide more  

detailed and consistent record keeping on the spacecraft  during assembly  

and tes t  and thus be of greater  utility in the analysis and rectification 

of any difficulties encountered during spacecraft  flight. 

On the one hand, the des i re  to 

The policy which we have adopted is 

Preprogrammed 

The 

. Following JPL's  nomenclature, the OSE has been categorized 

into four major  groups: 
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1) System Test CompLex 

2) Launch Complex Equipment 

3 )  Mission-Dependent Equipment 

4) Assembly, Handling, and Shipping Equipment 

1. SYSTEM TEST COMPLEX 

The sys tem test  complex, illustrated in Figure 26, covers all 

support equipment f o r  powering, monitoring, and recording during 

tests of the spacecraft  and i t s  subsystems. 

unit tes t  s e t s ,  sys tem test s e t s ,  and an automatic data handling 

system. 

The compLex includes 

During unit and subsystem acceptance t e s t s ,  unit type approvaL 

qualification t e s t s ,  and panel qualification t e s t s ,  the unit t es t  se t s  

simulate the output loading and the inputs which the unit experiences 

during spacecraft  ope ration, including varying the input parameters  

beyond normaL tolerance requirements.  

The sys t em test  set is the central  point for conducting and 

controlling the integrated systems test .  

automatic data handling system, i t  contains the command stimulus 

generators and the data acquisition, processing, measurement , display, 

and related equipment for  exercising and evaluating the operation 

of the Voyager spacecraft. 

Figure 27. 

In conjunction with the 

A simplified block diagram is shown in 

Functional requirements a r e  divided into the following 

categories : 

0 

0 

0 

0 

0 

0 

0 

0 

Commands to space craft 

Data acquisition f rom spacecraft  

Data processing and display 

Stimulation 

Simulation 

Ground power 

Critical spacecraft monitoring 

Self -test and fault isolation. 
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COMMUNICATIONS AND DATA HANDLING -_ 

SYSTEM TEST COMPLEX (STC) 

CONSISTS OF: 
MODULE TESTERS AND 

BENCH CHECKOUT EQUIPMENT (BCE) 
EQUIPMENT 

ELECTRONIC 
DISTRIBUTION 

(FOR INDIVIDUAL SUBSYSTEM TESTING) 

UNIT TEST SETS (UTS) 

(FOR PANEL INTEGRATION 
ASSEMBLY AND TESTING) 

CONSOLE TEST 
‘ONSOLE GROUND 

POWER 
CONSOLE 

SYSTEM TEST SETS (STS) 

AUTOMATIC DATA HANDLING SYSTEM (ADHS) 

MONITOR CONSOLE 

Figure 2 6 .  System Tes t  Set Complex 
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The pr ime communication path between the sys tem test  s e t  

and the spacecraft  is the R F  link; subsystem performance evaluation 

is conducted largely by telemetry,  although a few hardlines c a r r y  

simulation and fault isolation signals (e. g. , sun sensor  simulation 

and command monitoring) which cannot be sent over the R F  link. 

se t  i s  self-tested by closed loop checking of the R F  functions. 

isolation to a replaceable unit in the s e t  makes use of general purpose 

tes t  equipment. 

The 

Fault 

The automatic data handling sys tem has four pr ime functions : 

1)  Real time processing of spacecraft data f rom both 
telemetry and hardline sources 

2)  Test sequencing 

3 )  Displays of various kinds in formats meaningful 
to tes t  personnel 

4) Various off-line functions such a s  program generat- 
ion and data reduction. 

As shown in Figure 28 the sys tem consists of an SDS-930 computer,  

manual input devices,  and computer peripheral  equipment. Growth 

capacity has been incorporated i n  the design of the equipment. F o r  

example, the sys tem can handle double the present  4096-bit/sec 

telemetry rate.  

TAPE STATIONS 

DIGITAL PRINTER 

DATA ENTRY UNITS 

MONITOR CONSOLE 

Figure 28. Automatic  D a t a  Handling System 

61 

L 



2. LAUNCH COMPLEX EQUIPMENT 

Support equipment for powering, monitoring, and recording 

during spacecraft  preflight tes ts  a t  the launch s i te  includes aLL OSE 

in the spacecraft  assembly facility, the explosive safe facility, the 

Centaur mating facility, the launch pad, and the blockhouse. 

alLy, the launch complex equipment i s  identical with the tes t  s e t  and 

automatic data handling system which a r e  par t  of the sys tem test  

complex. 

Function- 

3 .  MLSSION-DEPENDENT EQUIPMENT 

The equipment and computer software needed to interface with 

the mission equipment a t  the DSIF are shown in Figure 29. This 

TO STATION 
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I t 
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COMMAND 
ENCODER 
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STATUS DISPLAY 
(AND COMPUTER 
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1 0  AND FROM 
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Figure 2 9 -  Mission Dependent Equipment, Block Diagram 
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equipment i s  designed to perform three se t s  of functions: 

1 )  In-line functions essential  to the DSIF link with the 
Voyager spacecraft ,  including command gene ration, 
telemetry detection, and computer buffering 

2) In-line functions desirable for  operations monitoring, 
such a s  command detection and verification and 
space craft status display 

3) Functions related to compatibility testing, station 
readiness testing, fault isolation, maintenance, and 
calibration. 

The command generation equipment includes redundant command 

encoders and pseudonoise generators.  

vides for  both computer-generated and manual commands to the space- 

craft. Redundant telemetry detectors extract  the telemetry bit s t r e a m  

and synchronization signals f rom a subcar r ie r  of the spacecraft-to- 

ground link. 

signal and i t s  associated synchronization signals into a format accept- 

able to the station computer. The display panel (including maLfunction 

a la rms)  indicates operational status of the Voyager spacecraft ,  

transmits command verification and inhibit signals to the command 

encoder, and responds to system malfunctions sensed by the computer. 

A tes t  transponder can simulate the R F  portions of the spacecraft  for  

compatibility and readiness testing, and station simulation equipment 

is included for testing when the actual station equipment is occupied 

with other missions.  

data for t e s t  of the combination of the telemetry detector,  computer 

buffer,  and computer. 

The command encoder pro-  

The computer buffer transforms the telemetry data 

The data format  generator simulates te lemetry 

The station computer is programmed to decommutate the 

Voyager telemetry data, to send telemetry data to teletype lines and 

to the mission dependent equipment, to make command checks, and 

to accept station time signals. 

and status data i s  provided by the computer typewriter, 
A written copy of telemetry,  command, 

4. ASSEMBLY, HANDLING, AND SHIPPING EQUIPMENT 

Study of the assembling, handling, and shipping requirements 

for the spacecraft  and planetary vehicle has shown that the equipment 
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listed in  Table 

ment,  standard mechanical support equipment i t ems  a r e  also required 

for  assembling, handling, and shipping the following subsystems: 

science payload, telecommunications, stabilization and control, 

s t ruc ture ,  pyrotechnics, P O P ,  and propulsion. 

5. 

9 i s  needed. In addition to this system level equip- 

OSE FOR 1969 TEST FLIGHT 

The tes t  philosophy for  the 1969 mission OSE is the same as for  

the 1971 in  its effect on OSE design. 

instrumented to support subsystem testing, and sys tem test  se t s  

perform end-to-end testing through many subsystems in  ser ies .  

Moreover,  the design character is t ics  of the OSE apply equally to the 

two missions except for provisions relating to the capsule and its OSE. 

Details of the 1971 OSE a r e  given in  Volume 6,  of the 1969 OSE in 

Volume 7. 

Thus, unit t es t  se t s  a r e  heavily 
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Table 9 .  Assembly, Handling and 
Shipping Equipment 

T ran sport e r , spa ce c raft  

' 0  

Assembly, handling, and tilt fixture, 
spacecraft 

Transport  recorder  

Weight and center of gravity fixture,  
spacecraft planetary vehicle 

Shipping container, standardized modules 

Work platforms, mobile 

Adapter kit , Centaur shroud -tr ansport e r  

Sling assembly, planetary vehicle and 
nose fairing 

Purge unit, freon-ethylene oxide 

Nose fairing mating and assembly fixture, 
planetary vehicle 

Sling , capsule 

Hoist sling, spacecraft  

Tag lines 

Launch stand access  platforms 

Universal mounting ring, spacecraft and 
planetary vehicle 

Environmental cover, spacecraft 

Hoist sling, environmental cover 

Platform auxiliary a cces s or  ie s 
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VI. 1969 TEST FLIGHT 

I. 1969 TEST FLIGHT GOALS 

Viewed as an engineering tes t  fo r  the Voyager spacecraft bus,  the 
1969 tes t  flight would significantly enhance the probability of mission 

success in  1971. As such a tes t ,  the 1969 flight can serve  three main 

purposes : 

1) 

3) 

To tes t  the 1971 spacecraft  equipment in space under 
actual environmental s t r e s s  conditions. Such a te s t 
would provide a real is t ic  assessment  of the spacecraft  
life under these environmental s t r e s s  conditions and 
would allow for  checking failure and redundancy modes 
of operation. 

the 

0 

0 

0 

0 

0 

To develop the operational aspects of the Voyager 
program, with respect to the spacecraft bus, before 

I 1971 mission. These operational aspects include: 

Crew training 

Spacecraft assembly operations and tes t  
procedure s 

OSE, facil i t ies checkout, computer program- 
ming and s o f t w z r e  checkout, and DSIF interface 

Manufacturing experience in component procure- 
ment, par t s  screening, equipment fabrication 

The development of an integrated team of Voyager 
personnel who a r e  familiar with the idiosyncrasies 
of the spacecraft  equipment and a l l  of the many in te r -  
faces, including the working relatiszshi=s with 
other Voyager Pro jec t  t eams.  

To obtain environmental o r  other engineering data (such 
as Mars radiation levels, micrometeorite f lux ,  atmos- 
pheric density, horizon character is t ics ,  etc.  ) which a r e  
necessary f o r ,  o r  enhance the probability of, subse- 
quent successful missions.  

The principal limitation on the 1969 t es t  flight a r i s e s  f rom the r e -  

duced performance and restr ic ted envelope associated with the Atlas- 

Centaur launch vehicle. 

is  of the order  of 1400 to 1500 pounds, depending on the launch window, 

Separated spacecraft  weight for a Mars  mission 
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with additional margin available f rom the anticipated upgrading of the 

Atlas launch vehicle and f r o m  the la te r  1969 launch dates associated with 

extended transit  times. 

The major  benefit,  of course,  to a 1969 tes t  flight resul ts  f rom 

flying an identical spacecraft bus configuration on a Saturn-Centaur 

launch vehicle. 

bus contractor 's  point of view, since identical drawings and checkout pro- 

cedures could be used f o r  the 1969 and subsequent launches. 

factors ,  in turn, would alleviate some of the tightness in the 1969 launch 

schedule. 

launch vehicle is not available does not argue against the utility of a 

1969 flight. With the Atlas-Centaur, all three categories of objectives 

can also be attained. 

Such an approach would be simpler f rom the spacecraft  

These 

In spite of these advantages, the fact that a Saturn-Centaur 

There appear to be four alternatives for  the 1969 tes t  flight: 

1) A Mars-orbiting mission 

2) An earth-orbiting mission 

3) An interplanetary mission 

4) A Mars flyby. 

The first  alternative is precluded by the launch vehicle. 

bility of the Atlas-Centaur is not great  enough to launch a useful tes t  

spacecraft  plus a retropropulsion motor to Mars ,  since the weight of the 

motor alone exceeds the payload capability to Mars .  

The capa- 

An ear th  orbiter would be attractive if the retropropulsion motor 

could be tested in space after a delay equivalent to that experienced on 

a Mars  trajectory.  But here  again the Atlas-Centaur is inadequate to 

launch a useful test  spacecraft plus a full- scale retropropulsion engine. 

It is possible, however, to orbit a tes t  spacecraft with a retropropulsion 

unit scaled down f r o m  that needed on the Mars  mission, and this alterna- 
tive is in fac t  a possibility for the 1969 engineering tes t  flight. 
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The spacecraft could be dispatched on an interplanetary flight with 

no specific target.  

pect of the realist ic rehearsal  fo r  a 1971 launch. 

ment  that the spacecraft  encountered wauld be reasonably representative 

of a Mars  flyby except, of course,for the vicinity of Mars .  

planetary flight would lack the realist ic training simlllation fo r  the Voyager 

team in attempting to meet  the narrow launch window of a biannual Mars  

opportunity; hence the engineering and operations team would not have 

rehearsed their tes t ,  launch, and flight procedures under the scheduled 

urgency of a limited launch opportunity. 

Like the ear th  orbi ter ,  this approach lacks the as- 

The space environ- 

Such an  inter-  

Next to the orbiting mission, a Mars  flyby most  closely resembles  

the 1971 mission. Within the weight limits, the 1969 spacecraft  bus on a 

Mars  flyby could exercise authentic predecessors  of a l l  of the spacecraft  

subsystems (except the retropropulsion), including operational support 

equipment, software, and operating procedures and science interface. 

A fifth possibility, of course,  is not to launch in 1969 at all. The 

best  argument for  skipping a 1969 engineering tes t  flight appears to be 

cost reduction. However, in  t e r m s  of total program cost, over the 

ent i re  s e r i e s  of Voyager missions, a well-executed 1969 engineering tes t  

would prove highly cost effective if it can provide significantly improved 

confidence of success in  1971 and subsequent years .  

Of the alternatives, the 1969 flyby mission appears to do the best  

job of satisfying the three main objectives. 

of the spacecraft equipment, but a iso exercises  the q e r a t i o n a l  aspects 

and can provide environmental information. The main elements that it 

does not check a r e  the retropropulsion subsystem and the thermal  and 

power problems associated with recur ren t  eclipses;  however, it is pos- 

sible that one Mars  eclipse could be achieved during flyby, and programmed 

spacecraft reorientation during cruise  can partially simulate recur ren t  

eclipses.  

It provides not only a t e s t  
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The main disadvantages of the 1969 attempt a r e  associated with the 

schedule constraints, particularly with the fact  that time might not allow 

fullimplementation of MPC 200-2.  Moreover, a modified par ts- t race-  

ability program would be  required and complete qualification of screened 

par t s  would probably not be achieved before the 1969 launch. 

Based on the above reasoning, we propose the Mars  flyby as the 

best  choice for  the 1969 engineering test  flight. As discussed in the next 

section the design of the 1969 spacecraft, despite the limitations imposed 

by the smaller  boost vehicle, is a close duplicate of the 1971 spacecraft .  

All elements a r e  authentic predecessors  and all elements can be tested, 

except for retropropulsion and the 1971 structure.  The entire three 

panels of 1969 spacecraft electronic equipment, a s  opposed to the scien- 

tific equipment, a r e  identical to the 1971 panels. 

of propellant and number of tanks, the midcourse propulsion system is 

the same. Except for s ize ,  thermal  control is the same.  Power supply 

electronics a re  identical; the deployable so la r  panels use solar cell  

modules identical to those for  1971. 

Except for  the quantity 

The CS$C subsystem i s  identical. 

Moreover, the utility of the 1969 tes t  flight is not limited to the 

configuration selected in this study. 

tes t  flight were carr ied out with respect to all three reference configura- 

tions. 

responding to each reference configuration will adequately fulfill the 

three main objectives. 

Studies of the applicability of the 

As discussed in  Volume 7 ,  each of the 1969 tes t  spacecraft  cor-  --__ I___I__^__.._. .c -.. - *- '- A - - --.-..--.-*- --,*. x c _  -_ 

In our development plan the completion of the 1969 ground and 

flight tes t  program is a major  factor contributing towards improving the 

success  of the 1971 mission. 

significant data on the performance of the spacecraft  subsystems during 

the engineering model phase of the development of the 1971 spacecraft .  

Confidence is gained in te rms  of subsystem s ize ,  weight, power con- 

sumption, and interactions with other elements of the flight spacecraft .  

Assembly and checkout of the 1969 tes t  spacecraft  will provide an 

The ground test  program begins to provide 

opportunity to validate a large portion of the 1971 operational support 
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equipment , as s embl y and che c kou t pro c e du r e s , compute r program s , 
and tes t  facil i t ies.  1969 launch and prelaunch operations will provide 

a means of rehearsing and validating much of the 1971 launch control 

equipment, checkout and on-stand operations, and terminal count pro- 

cedures.  As the 1969 flight progresses ,  data on the performance and 

survival of the subsystems wi l l  add to confidence in the success of the 

1971 mission. 

flight will provide design data for  application in the 1971 design. 

Problems occurring late in the 1969 flight will provide data that may 

be applicable for  the 1973 spacecraft design and will bear  on the launch 

decisions for  the 1971 mission. 

Any failures that may be uncovered ear ly  in the 1969 

2. 1969 TEST SPACECRAFT DESIGN 

To perform the maximum number of engineering tes ts  bearing 

directly on the components of the selected design f o r  the 1971 space- 

craft ,  as many of these components as possible have been used in the 

1969 configuration. 

power, stabilization and control, and central  sequencer and command 

subsystems. As has  been mentioned, however, major  differences exist  

in the propulsion and structure subsystems. 

Only minor differences exist  in the communications, 

To permit  a better approximation to the 1971 spacecraft, the Atlas - 
As shown in Figure 30, Centaur fairing has  been lengthened by 42 inches. 

the 1969 spacecraft  bus has four sides which a r e  used as the equipment 

msznting panels; these are identical to their  1971 counterparts. More- 

over,  similarly to the 1971 model, four corner longerons and upper and 

lower f r ames  attach the equipment mounting panels to the bus. 

a r e  hinged, as on 1971, for  access  to the bus interior. The provisions 

for  equipment modularization and thermal  control a r e  identical. Upper 
and lower thermally insulated t russ -core  sandwich panels complete the 

meteoroid protection of the bus. 

The panels 

At the aft end of the spacecraft  is the same double-gimballed high- 

gain antenna as used on the 1971 configuration. 

antenna is a lso car r ied .  

The same low-gain 

An additional low-gain antenna is installed on 
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the forward end of the spacecraft to allow complete testing of all 

operating modes of the communications subsystem (the 1971 spacecraft  

uses high- , medium-, and low-gain antennas connected to redundant com- 

munications equipment). 

the two spacecraft. 

Communications electronics a r e  identical f o r  

F o r  midcourse propulsion, the 1969 tes t  spacecraft  uses  the same 

monopropellant engine, one of the same pressurized propulsion tanks 

(off-loaded to 45 pounds of propellant) and identical valves and plumbing 

as on the 1971 configuration. The evasive maneuver propulsion package 

(used to translate the 1971 spacecraft out of the way of the capsule) is 

car r ied  on the 1969 tes t  vehicle. 

engine is not car r ied  on the 1969 test  spacecraft, it is possible to c a r r y  

and partially tes t  i t s  liquid injection equipment. 

Although the solid retropropulsion 

Except for  the reduced size of the tankage and the relocation of some 

low-thrust nozzles, the stabilization and control system for 1969 is the 

same as on 1971. The sensors  associated with the stabilization and con- 

t ro l  system a r e  mounted in a way similar to the 1971 installation. As on 

the 1971 configuration, the aft  cover and the propulsion and stabilization 

and control systems located in the bus a r e  modularized for  ease  of 

assembly, installation, and tes t .  Since the equipment mounting panels 

and the thermal-control louvers a r e  those of the 1971 spacecraft, the 

thermal  control equipment can also be tested in 1969. 

Three deployable solar panels, adjacent to three of the equipment 

mounting panels, u i i l i z izg  1971 solar cell  modules and circuitry,  a r e  

sized fo r  100 square feet  of solar cells .  

the remainder of the power supply matches the 1971 configuration. The 

fourth side of the spacecraft has  been left clear to permit adequate look 

angles for  the double-gimballed, high-gain antenna. 

Except for  the solar  a r r ay ,  

The Mariner science package has been shown in phantom on the fo r -  

ward end of the spacecraft inFigure  30 to indicate the 1969 test  spacecraft 's  

potential for data gathering a s  a Mars  flyby. Par t ia l  views shown on 
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the figure also indicate the possibility of using the spacecraft to deliver 

an atmospheric probe to Mars ,  o r  to tes t  an off-loaded o r  complete 

POP with i t s  Mars  horizon sensor.  In addition to these options, it is 

possible to f ly  a VHF antenna and associated propagation experiment o r  

the thrust-vector control system. Which option is chosen depends upon 

which of these spacecraft design a reas  is determined to be the more  

cri t ical .  

3. OPERATIONAL SUPPORT EQUIPMENT FOR 1969 

As noted above, the majority of the subsystems for  the 1969 tes t  

spacecraft a r e  identical to their  1971 counterparts. 

the a reas  of retropropulsion, structure,  and interface with the science 

payload. Because of this similari ty,  the OSE design for  each of these 

programs can be basically the same. The system-level electrical  OSE 

to support system-level testing of the 1969 tes t  spacecraft  includes the 

system test  set  used for integrated system testing; the automatic data 

handling system to support the systems tes t s ;  the launch complex 

equipment; and the mission dependent equipment. 

differences i n  panel details, al l  of this system-level electrical  OSE i s  

identical for both the 1969 and 1971 Voyager missions.  
1969 and 1971 Voyager missions. 

Exceptions exist  in 

Except for minor 

Changes in the structure and elimination of the solid-propellant 

retro-engine necessitate some changes in the mechanical OSE for 1969. 

However, a s  noted in Table 1 0 ,  the assembly, handling, and shipping 

equipment required fo r  1969 is  for  the most  pa r t  similar to its 1971 

counterpart. 

As mentioned in  the discussion of 1971 OSE in Section V above, 

the OSE consists of both system level tes t  equipment and subsystem 

test  equipment. The electrical  subsystem test  equipment, called unit 

tes t  sets ,  for  the 1969 test  flight will consist of: 
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4 

0 

0 

0 

0 

0 

Four  telecommunication subsystem unit t es t  sets  

Five stabilization and control subsystem unit tes t  se t s  

A central sequencer and command unit tes t  set  

Five power subsystem unit test  sets  

An electrical assembly subsystem unit tes t  set .  

Except for  minor differences in panel details, all of these subsystem unit 

t es t  sets  a r e  identical for  the 1969 and 1971 missions. 

Because of the different s t ructural  arrangement and design for  the 

1969 tes t  spacecraft and the need f o r  deployable solar panels, about half 

of the subsystem mechanical support equipment is new equipment for  

1969. 

197 1 counterpart. 

The remainder is either not required o r  will be the same as i t s  
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VII. IMPLEMENTATION 

1. INTRODUCTION 

The implementation plan for  the Voyager spacecraft ,  discussed 

in  Volume 3 ,  encompasses Phase IB design engineering and the 

complete cycle of development and operations in  Phase  11. 
used in  generating the schedules and task descriptions has  been that 

the 1969 flight tes t  effort is an  integral  portion of the development cycle 

for the 1971 mission. To this end, the ground rule for the design of 

the 1969 spacecraft  has been to retain a one-to-one identity with the 

elements of the 1971 spacecraft, within the constraints imposed by 

the difference in  launch vehicles and the absence of scientific objectives. 

The policy 

2. SCHEDULES 

2.1 Phase IB 
~ 

The major  efforts during Phase IB involve the system and sub- 

system engineering leading to a clear  definition of system and sub- 

system design requirements and interfaces by the seventh week. The 

ensuing five weeks is used to prepare preliminary design concepts in 

accordance with the design requirements.  

twelfth week, a design review is programmed,  to verify that a l l  

requirements a r e  defined and that the design approach i s  satisfactory. 

Thus at the end of the 

The effort following this review includes the detailed design of 

both the 1969 a d  1??1 spacecraft systems cuLminating in a second 

design review, scheduled for  the 28th week. 

ed at this time includes: 

The mater ia l  to be review- 

0 Detailed layout and schematics 

0 Material and par t s  

0 Equipment and process  specifications 

0 Development tes t  results 

0 Reliability data 
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0 

Weight, volume and power requirement 

Technical work statements (including engineering 
model tes t  plans) 

0 Management plans and controls 

0 Operations plan.  

The completion of this second design review provides approval 

f o r  the release of the system, subsystems, and OSE specifications and 

also the various management and operational plans. The Phase I1 

detailed work package and cost plan is submitted f o r  J P L  approval 

within three weeks after this design review. 

2 . 2  Phase I1 Schedule 

The major  milestone schedule for the combined 1969, 1971, 

1973 effort i s  presented in Figure 3 1  and the highlights of the task 

flow for the assembly, t e s t ,  and launch operations scheduled fo r  

Phase I1 a re  shown in Figure 3 2 .  Scheduling i s  based on pacing the in-line 

operations backwards f rom the launch date through the required t ime 

spans for type-approval fabrication and test to the drawing release 

date. 

apparent in te rms  of the facilities and manpower loading. 

2.2. 1 

Satisfactory phasing among the three programmed spacecraft  is 

1969 Test  Flight Schedule 

F o r  the 1969 test flight the normal pacing of events can lead to 

considerable overlap of type approval tes ts  and the fabrication of 

flight equipment unless the drawing release date is moved forward. 

The imposition of an ear l ie r  drawing release date,  however,  incurs  

the r i sk  of more design changes. In the light of these conflicting 

requirements,  a compromise was selected which favored the design 

and development cycle (e.  g . ,  la ter  drawing release)  a t  the expense 

of some concurrency of the subsystems type approval tes t s  and the 

fabrication cycle of flight units. This concurrency can be kept within 

tolerable l imits ,  i t  is fel t ,  by the acceleration of design effort during 

Phase IB, resulting in an ea r l i e r  drawing release cycle. 

cr i t ical  a r e a s ,  a s  discussed in Section 11-4 of Volume 3 ,  a r e  l isted below: 

Other possible 
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I 2.2.2 1971 Mission Schedule 

The time available f rom the s t a r t  of Phase I1 to the s t a r t  

of manufacturing of the 1971 flight units clearly allows a degree 

of freedom not contained in the 1969 schedule, 

choices of how to best use the available time. One choice would be 

to delay the 1971 drawing release date sufficiently to allow any 1969 
ground tes t  resul ts  to be included in the 1971 design. This approach 

then would require that a se r i e s  of tes t  models immediately precede 

the s t a r t  of fabrication of the flight units. 

continue the design effort f rom the end of the 1969 design effort and 

release the final 1971 drawings as soon thereafter a s  possible. 

There a r e  two basic 

The other choice is to 

This second approach is preferred since it  allows the 

1971 type approval, life tes t ,  and proof test  model units to be 

fabricated a t  an  ear ly  date,  allowing these units to accumulate a 

significant tes t  history p r io r  to fabrication of the flight units.  

appi-oazh sti!!. allows for  any design adjustments that may result  

f r o m  the 1969 tes t  p rogram.  

This 

The 1971 mission schedule has no cr i t ical  schedule a reas  

in  the development cycle. The drawing release cycle occurs during 

late 1967 and ear ly  1968, thus providing a development time of 

approximately 24 months f rom Phase IB s ta r t  o r  16 months f rom 

Phase I1 s t a r t .  

much of the 1971 design is identical s o  that for 1969. The subsystem 

fabrication and type approval cycle in  fact aiiows 7 muiiilia for design 

adjustment i f  needed before fabrication of the flight hardware begins. 

The s t a r t  of flight fabrication is so  placed a s  to allow for  the inclusion 

of the 1969 t e s t  results up to and including the ear ly  portions of the 

tes t  flight as well a s  the results of the 1971 subsystem life testing. 

This time is morethan adequate, particularly since 

In the case of a failure in the 1969 test  flight, there is 

s t i l l  sufficient time to include changes in the 1971 spacecraft  a s  late 

a s  14 months a f te r  1969 launch. 

of the 1971 proof tes t  model spacecraft  is  most likely to occur during 

vibration o r  space simulation testing; this portion of the tes ts  is 

A failure during type approval testing 
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a) P a r t s .  The requirement to retain a one-to-one identity 
wherever possible between the 1969 tes t  flight and the 
1971 mission requires that identical pa r t s  be used 
fo r  both. Procurement  of magnetically acceptable 
high reliability par t s  dictates a long lead time effort .  
To circumvent any problem, TRW recommends that 
an  approved par t s  list be negotiated ear ly  i n  Phase IB 
f r o m  which the designs must be selected and that 
deviations to this list be identified during Phase IB 
testing in  o rde r  to initiate a special  effort to qualify 
such par t s .  
re lease be negotiated fo r  long lead time par t s .  

In addition it is recommended that an  ear ly  

b) Structure. The need for  an ear ly  s t ructural  vibration 
and s ta t ic  load tes t  imposes a requirement to provide 
detailed s t r u c t u r a l  layouts during Phase IB to enable 
ear ly  fabrication and tes t .  

c) Midcourse Propulsion System. To meet  the 1969 schedule 
requirements for  a completely tested midcourse pro-  
pulsion sys tem,  it is necessary to begin fabrication 
and tes t  of the development and prototype midcourse 
engines i n  June of 1966. 

d )  Stabilization and Control. The long lead time procure-  
ment of the gyro reference assembly represents  a 
possible cr i t ical  a r ea  in  the stabilization and control 
system. It is planned to initiate this procurement 
ear ly  in  Phase IB to ensure delivery of this assembly 
for  engineering model tests and subsequent space- 
craft. 

e )  Communication and Data Handling. The c r i t i ca l  equip- 
ment in  the communications and data handling sub- 
system includes the development of a three-speed tape 
recorder  and the prototype antenna gimbal dr ives .  
The fabrication and tes t  of a n  engineering model tape 
recorder  with breadboard electronics wi l l  be provided 
during Phase IB. 
dr ives  wi l l  a lso be fabricated and tested.  

Prototype models of the gimbal 

f )  Power.  The cr i t ical  factor  i n  the development of the 
power subsystem is the design of the so la r  a r r a y  
f o r  the low temperature condition. This requires  
that Q-boards of so l a r  panel segments be fabricated 
and tested over ex t remes  of temperature  during Phase 
IB. 
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completed by the end of December 1969, allowing approximately 6 

months to  include design refinements. The 1971 life tes t  model is 

scheduled to enter  life tes t  in  August of 1969 and could therefore pro-  

ceed as long as 8 months before a detected failure would pose a 1971 

launch schedule problem. 

3.  EFFECTS O F  THE 1969 TEST FLIGHT ON THE 1971 MISSION 

As has just  been suggested the completion of the 1969 subsystem 

type approval testing provides for high confidence in  the proper  function- 

ing under severe environment conditions and verifies the procedures 

and processes  used in  the manufacturing phase. Fai lures  uncovered 

during this tes t  phase a r e  useful in correcting design deficiences in 

the 1971 hardware.  

An additional and important tes t  benefit is provided by the 1969 

ground tes t  p rogram in terms of providing reliability data on p a r t s ,  

subsystems,  and systems. Life testing of the 1969 proof tes t  model 

spacecraft  (see Section IV,Voiume 3) will  add tc! the confidence in  the 

ability of the subsystem designs to survive the expected life require- 

ments.  

The conduct of the 1969 tes t  flight effort also provides additional 

confidence in  the success  of the 1971 mission in the following a reas :  

Crew Training. The assembly, checkout, tes t  and 
launch crews wi l l  receive experience in  the conduct 
of their  respective operations. The conduct of the 
engineering modei and proof t es t  ---del interface 
tes ts  ass is t  i n  training at  the Deep Space Network, 
SFOF, and Mission Support centers .  

Procedure and Computer P rogram Checkout. A large 
portion of 1969 tes t  procedures and computer programs 
wi l l  be directly applicable to the 1971 mission. 
1969 tes t  effort provides an opportunity f o r  their  r ea l  
time validation. 

The 

OSE Checkout. A great deal of the OSE used in the 
1969 effort is identical to that used for  the 1971 
mission, and an ear ly  opportunity i s  afforded to validate 
this equipment and to improve i t s  design. 
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Test  Facility Checkout. It is planned to use the same 
tes t  facilities for  the 1969 tes t  flight spacecraft  a s  
for  the 1971 mission spacecraft. 
1969 equipment in these facilities will provide a high 
confidence in  their  design and operations. 

The use of the 

Manufacturing Checkout. The identical designs of much 
of the equipment fabricated for  both the 1969 and the 
1971 programs provides a checkout of the manufacturing 
processes ,  assembly,  lines , tes t  equipment, and 
software controls. This will  contribute to the confi- 
dence in fabricating high quality 1971 equipment and 
on-schedule performance. 
various vendors and subcontractors wil l  be verified. 

The qualification of the 

Schedule Confidence. The performance of the 1969 
program provides high confidence through learning 
in  performing to the 1971 schedule. 

4. SPACECRAFT DEVELOPMENT 

Development of the Voyager spacecraft  wil l  begin with sys tem 

engineering tasks and extend to the conduct of launch and mission 

support operations a s  depicted in  Figure 3 3  and a s  discussed in 

Section V of Volume 3. 

of spacecraft  requirements resulting f rom analyses and studies a t  

the mission level by the systems engineering group. 

ments a r e  then converted into subsystem design requirements  by 

a se r i e s  of design integration studies. 

including breadboards and models,  leads to the release of manufactur- 

ing drawings. 

acceptance tested and assembled into the spacecraft .  

undergoes flight approval testing p r io r  to i t s  shipment to the launch 

site.  

The flow of tasks begins with the definition 

These require- 

Subsystem development , 

Manufacturing then proceeds and subsystems a r e  

Each spacecraf t  

86 



SYSTEMS ENGINEERING S PAC EC RA FT DEVELOPMENT I 
7 - - - - - - - - t  _-__-_- - - - - -  7 - - - - - - - - - 

I 

I 

I 
SYSTEMS 

REQUIREMENTS 

RELlABlLllY SPACECRAFT 
ANALYSIS REQUIREMENTS 

ENG' R SUPWRT 

I I 
I I 

MISSION STUDIES 
SUPPORT TO JPL - I 

d I 

ELECTRICAL DESIGN INTEGRATION 

I 
I 
1 
I 
1 

POWER ANALYSIS 

TELEMETRY REQ'TS ANAL. 

COMMAND ANALYSIS 

ACOUSTICS REQTS ANAL. 

MAGNETIC REQ'TS ANAL. 

ELECTROMAGNETIC 
COMPATIBILITY ANALYSIS 

1 
I 
1 
i 
1 

ELECT. INTERFACE REQ'TS 1 
I S/C INSTRUMENTATION I 

MECHANICAL DESIGN INTEGRATION 

SUBSYSTEM DEVELOPMENT I 
I ANALYSIS 

DE6IGN 

BReADBOARD TESTING 

ENG'R MODEL TESTS 

PROOF TESTS 

COMPATIBILITY TESTS 1 
SPICIFICATIONS & DATA 

I I 

w STRUCTURAL LOADS d DESIGN CRITERIA 

I I I 
I 1 I 
i MASS PROPERTIES ANAL. 1 I 

I 
1 I 

DYNAMICS ANAL. 

THERMAL REQ'TS ANAL. 

I OPERATIONAL REQ' TS ANAL. 1 
I S/C CONFIG. DESIGN CONFIGURATION I 
I MODEL INTERFACE DESIGN 

EXPERIMENT DESIGN INTEGRATION 

I EXP. INTERFACE SPEC 

0 STRUCTURAL MODEL 

PROPULSION MODEL 

0 BREADBOARD MODELS 

ENG'R UNITMODELS 1 

I 
I 



TESTING I LAUNCH B MISSION OPERATIONS - _ _ _ _ _  - - - - - - - -1 COMPATlBlLlTY CHECKOUT 

s/c 
ASSY & C/O 

ivlANUFACTURING 8 UNIT I 
I ACCEPTANCE - ---_-- 

- I T V E M E N T  - - t I S/C DEVELOPMENT 

0 ENG'R MODEL TESTS 

0 PTM S/C TESTS 

ELECT. COMPATIBILITY 

PROOF TESTS 

DSN COMP. TESTS 

I . ENGiNEERiNGMoDEL s/c 1 
I 0 DSN COMPATIBILITY SIMULbTOR 

I 0 PROOFTEST MODEL I 0 DSN TESTS I 

PURCHASING 

TRW 
FABRICATION 

DAC 
FABRICATION 

RCA 
C FABRICATION 

[ 

LANDEWSC" I PRELAUNCH 

I 0 S/C ASSY 
CENTAUR/SC* 

I 
SAF OPERATIONS 

S U BSYS T EM ESA OPERATIONS I 0 ORDNANCE INST 

I 0 
PROPELLANT INST 

TYPE APPROVAL 

GASES LOADING 

S/C -CAPSULE MATING 

STERILIZATION 

LAUNCH 
1969 FLIGHT TESTS S/C FLIGHT ACCEPTANCE 

TESTING 

ON STAND CHECKOUT 

I I 0 LAUNCH 
0 TYPE APPROVAL UNITS 

0 TYPE APPROVAL SUBSYSTEMS 

i ! a I " O ! ? ! T \ (  U>!!TS 

SPARES 

I 
I 0 MIDCOURSE MANEUVERS 

MISSION- OPERATIONS 

I ! l 0 ORBITAL OPERATIONS 

I *INCLUDING OFF SITE COMPATIBILITY TESTS ' 
I 1 0 DATA RECONSTRUCTION 

DATA 

Figure 33.  Voyager Spacecraft 
Implen-1 entation 

87 



c 

3 
0' 

--.-- 

. S I C X F I C A N T  E R R A T A .  T R W  Systems, Phase  IA . a 

Study Xeport, Voyager Spacecraft 

August 11, 1965 

Volume i . SuLxL-:nary 

Substitutz xw p. 79 attached. ~ 6 6  - 21047 
Volume 2 .  197 i Voyager Spacecraft 

p. 13. I t e m  F' "necessary landed operations" should read "necessary 
0 

Iz;?&: o;:zraations. I' 

Q. i43. :.zcvL,cn 3.4.1.a. second line should read  "threshold of 0.25 gamma" 
...A- 

.. . ,*?. . 2SZ. -xz :s  3 2nd 4. Delete "or  incorrect  spacecraft  address"  

~ 3 .  2;-I. -?~;1r2 v 5. Change "128 Word DRO Core  Memory" to "256 Word 

- 1 
Core  Memory" L- .. 

1 

3 .  32 Zz2oinicator of second t e r m  on right hand side of equation shouldri 
read -1 - 

-7: ./p. 33: .  -' , sure  i ,  Section F-F. "separation nut" should read  "bolt catcher"  
d' 

. .  Vo:c;xe 3 .  . c . r ~ ; e r  P r o g r a n  Plan 

3,bsti:nie new p. 12 attacked. 

;>. 13. "igure 2 - 3 .  P T M  Assemblies in  i t em 7 move 1.5 months to right 

;;. 1 6 .  F i g a r e  2 - 6 .  First milestone date should be September I, 1969, 
instead of mid-January 1970, and all subsequent dates should be  
corresponiingly adjusted 4.5 months ear l ie r .  

p. 20. Table 2-2.  Third item in 1969 column should read "coincident 
with completion of proof tes t  model assemblies .  Fifth i t em in 
this column change "2 weeks" to "3.5 months." Fourth i tem in 
197 1 column, change "4 months 'I  t o  "5 months. I' 
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r'p. 254. 

Figure 5-2.  
block entitled "Spacecraft to  OSE Interface Specification" 

Under Intersystem Interface Specification add a 

Last line of paragraph c should read "shown in Table 5-2." 

Figure 5- i3 .  Y e a r  should be 1966 instead of 1965. 

s - iguze 5- 18. Ignore all numbers  associated with lines in  figure. 

3'igu-s S - - - .  
reviews 'I 

In line 20 change "design revisions" to "design 

Second Fzragraph, third line, "The capability of the t ransmi t te r  
to s e k s t "  should read "The capability of the t ransmi t te r  selector ' '  
to  select ." 

Sz.c;ion heading n should read  Experiment D a t a  Handling 

S2ce;Lon 3.2.1 beginning of second paragraph should read  "The 
l-,ydrazine Pael . . . I' 

Volurix 4. -4ternate  Designs: Systems Considerations 

_-_?.-.1G3. Figure 3-19. Caption should read  "Radial Center of Mass.. . I' 

D&D. 293. 

Last pzrazraph,  second line, "For  the baseline, the reliabil i ty. .  . I '  

s h o ~ l d  read  "The reliability . . . 
8th line, replace "0.06 pound/watt" by "0.6 pound/watt" 

- "i.ru:e 3-50. 

Section 5.3.2, seconc paragraph, 7th line, should read  "Figure 3-52." 

Dot in ellipse at  right should be 0. 3 A. 

Second line, "with a variable V" should read  "with a variable AVI' 

Figure  3-64. 

Figure 3-81. 
ant:enna" and the dashed line at 73 X 106 k m  

Interchange coordinates, clock angle and cone angle 

An arrow should connect "Low-gain spacecraft  

Volurne 4. Alternate Designs : Systems Considerations Appendix 

p . 2 i  Figure A-2. The shaded portion under the lower curve should 
extend to the right only as f a r  a s  325 lb. 
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p. 9.  

p. 22. 

p. 29. 

p. 257. 

p. 209. 

p. 217. 

p. 326. 

~ 

Table A - i ,  part  (1).  In last  column heading change "W3" t o  

'I  w4 I1 ' I W 1 " .  In par t  (4) las t  column heading change I1W3" t o  

Second line below tabulation, replace "575 X 35" by "570 X 35" 

Tabulation at  bottom of page, change "18" to "30" and "400" 
to  11240" 

Numerator of equation for A best  at bo t ton  of page should read  
"0.0201," and numerator of equation for  X wors t  should read  
"9.21 I t  

Table 5B, fifth line. Delete I' X I O - . "  Also p. 213, Table 
seventh line, m d  p. 232, Table 3B, fifth line. 

Top portion of Table 9B should be labeled "pr imary  mode" 
instezz of "other modes" 

Volu.:->e 5. ,-2;ernzLte Designs: Subsystem Considerations 

2 - 2 5  2ift'ch - line, ". . . is extended, spacecraft" should read  ' I .  . . is P- 
extend&, two spacecraft" 

32 I p. 3 - 3 8  Last h e ,  change I' = - - 4500 

p. 3-51 IL'VJO equations at bottom of page 

7 2 
a = L : T J - / l  

M" to  (&) (M)" 

should read 

.. I. \z  f Tr t ($1 - 11 p. 3-67  Tkir; iine, last parenthesis 

p. 3-82 6th line should read "50 degrees"  instead of "50-140 ilzgrees," 
and seventh line should read  
degrees  

140 degrees  'I instead of "50- 140 

p. 3 -  1 i i Last line, change "50 Mc" to " 1 Mc" 

p. 3-137 Item g) for  ' I . .  . followed by 5 f r ames  of Teal t ime"  substitute 
' I . .  . followed by 11 f r ames  of low ra t e  science data and 5 f r ames  
of r e a ?  t ime" 
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pp. 3-250 and 3- i51 a r e  interchanged. 

p. 3- i36 Last line, should read "gates, a 7 bit" 

p. 5-21 Second paragraph, third line, for  "others since they a r e "  
substitute "others which a r e  'I 

2. 5-33 Sjol-k equations should identify 0.18 a s  an exponent, and :he 
dxponent for ( p  / p  ) in  the Hermann and Jones equation 
should be 2 / 3  in both cases .  P t  

p. 5 - 3 3  

p. 5-40 

Figure 5-12 should be  replaced with Figure C-7 of Appendix C. 

Three  lines above Table 5- 10 substitute "permanent set"  for 
"experiixent I'  

TL':-,e u: - l e  of -.igcr-e 7. C-2 s k c 2  read "Figure C-2. p. c - 4  -_ - -  Meteoroid 
XTcx Rate Circular Orbit M a r s " ,  2nd the t i t le  of F igure  C - 3  
should read "r'igure C-3. -Mel;eoroLd Influx Rate  Cruise"  

A: bc;tom of page, add the following: "*Wit?iin 50,000 k m  
~i *Mars I' 

- -  p. b - 2  

- I  p.  u-0 Line 13 should read:  ' I . .  . of low density (p  < 2.4 g m / c m  3 . . . I1  

./-- P 
Figure C-4. The ordinate "2" should read  "100" - I  p. 'u-c) 

p ~ .  C-17 The figures C-6 znd C-7 an pages C-17 and C-21 should be 
C-21 reversed.  

p. C-28 The t i t le  of Figure C-8 should read  "Meteoroid Shield Tes t  
Spe cirnen " 

p. C-29 The t i t le of Figure C-9 should read  "Cutaway of Meteoroid 
Shield Test  Specimen 

p. c-34 h Section 1.8 the first sentence should be replaced by the 
following two sentences: 
contain derivations of the probability of penetrations of the 
spacecraft  outer skin by meteoroids.  
.xi outer skin of sufficient thickness to reduce the  probability 
of no penetrations to a low level, such as 0.05 t o  0.01, would 
be prohibitive in t e r m s  of the weight required." 

"Preceding sections of this appendix 

It is  c l ea r  that to  design 
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"- . - " - 

p. c- I;? the f i r s t  ecuztion, the express  
should reed "(t  i n  c m ) "  and "A" in two places should read  
' ' ( A  in m2)" 

i ~ .  C-38 In Table C-2, all values in  inches should be in centimeters.  
-4 zero  should be inser ted imrnediately following the decimal  
~ G ~ D ' c ,  for example: (0.020-inch) = 0.05080, (0.020-inch) = 
i .06096,  (0.020-inch) = 0.04061, etc. 

I 

22 Section 1.8.7 Computation of R i  s, 
r e a d  ' I .  . . than l @  a r e  neglected" 

the sixth line should - 3. c - 4 0  

- -  
p. c-45 -..: ~ i s t i s g  under "Values of t Used for Extreme Environment ' 

" - 1 1  = A ~ z . - y c ~ s ,  under Inch, the f i r s t  number should read 0.020 
i:--zezE of 0.202 

- 

2 l o c o  o t V  
'- --. 

9 . 8 ~ 6  ht 

- - . -  
;2p. -- -2.0 and C- 151 should be reversed.  

;3. C-10s ,41Oi?g the ordinate in the graph, !'Stress X should read 
I I  SLA"dS c , = c  x 10-211 

-- . Volur-a 5. - - -2~: : -~ :2  -?,sigzs:  Srtbsystem Considerations. Appendix I1 -- 
-- . .-. J .  - -7 --2 - -, -:xes 7 and 10 Arr,,ae 2.11 subscript T to  T 

.3* 2 - -  -LL; Li:?e I4, change ':ME1 i !  to I I r n E l  li  

". - "-29 F i p r e  F - 9  t i t le should be "Reflectioa Phase  Angle Q (deg)" 
a d  Figure F-10 t i t le sliouid be "Reflection Magnituue Ii" 

P. F-30 k s t  line, change "0.27" t o  "0.175" 

p .  F-31 Lines 14 and 15, change ti14,700 f t / s e c  to 460 f t / s ec"  to 
14,700 f t / s ec  minus 460 f t / s ec"  and "14,700 f t / sec  to 
10,000 f t / s ec"  to "14,700 f t / s ec  minus 10,000 f t / sec"  

p. F - 3 2  Last line in i tem 4), change "27 p e r  cent" to "17.5 per  cent" 

2. 1;'-35 Ta5le F-4, under Assumed Pa rame te r  fo r  i tem 2 inser t  
-5 . ' 9 2  X for i tem 3 inser t  "f3 X 10 ' I ,  and for  i t em 4 

inser t  ':f2 x 1 0 - ~ 1 1  
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p Noise Figure, c 
"20 db" to " I O  db 

114 db $ 1  

2. F-58 Figure F-21 .  Change 102 kc to  112 kc. 

p. F-59 Line 22, change to "Mi 
peak) 'I 

= 21.5 deg o r  0.375 radians (rms, 

p. F-60  Line 2 ,  change to 

(l.l)2 - (0.375) 2 I 1  

p .  F-60 Line 3 ,  change to I ' M 2  = 1.03 radians (rms) o r  1.46 radians 
(--> e ak) 

9 Y2127zaph 1.4, second line, change "from - = 10' Eo to  
A 1 

p. G-6 a 
LL 

i 0  * E . . . tc read "from- * -  = 10-1 Eo t o  10*EO . . .  I1  
0 %. 

Volume 6. O?el-z?icnal %?port Equipment 

p. 2 3  Fizure 6. Caption should be "TyPical Grounding Scheme" 

p. 39 Section '1.3.3, change opening of first sentence to read. "Launch 
?ad equipxient consists of the ground power 2nd R F  consoles 
and the test flight progra-m power and control equipment . . . I' 

?. G-31 Fi2ure i .  Lines enclosing Data Forma t  Generator should be 
salid.  

.- P ' 
,J. u - l C l  ;as2 line substitute "4500" f o r  "45" 

s .  C - i i 3  In Section 4.4.2, change "25 per  cent" t o  " 2 5 0  per  cent" 

p .  G - 3 : ;  Fifth line, change " 3 0  per  cent" to  "20 per  ceiit" 

p. G-398  Section 4.2 should begin with "The hoist beam is . . . I f  

p. (2-419 Second line "4 optical alignment ta rge ts"  instead of 8. 
correction top of p. G-421. 

Same 

p. G-423 Section 4.9.2, substitute "20 per  cent" for "50 pe r  cent" 

6 



I 
Volume 7.  1969 Fl ight  Tes t  Spacecraft and OSE I 

p. 90 F i r s t  line should read  "Launch pad equipment consis ts  of 
the ground pcwer and R F  consoles and . . . " 

'3. 107 Last line, change Volume 5 t o  Volume 6. 
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